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ABSTRACT

The final phase of a two part investigation of hypersonic shock-wave
boundary layer interaction effects from a secondary shock system on super-
sonic/hypersonic combustion inlet performance has been completed. In support
of this effort, the following has been accomplishod:

1.

3.

The computational procedure developed in Phase I for estimating
laminar boundary layer properties through impinging shock induced
laminar boundary layer interactions has been modified to account
for entropy change of the inviscid streamlines in that isentropic
assumptions were used in the initial formulation., Perturbation
studies on the effects of wall shear on interaction length have
identified the importance of the profile shape factor in such
calculations. Initial correlations have been developed, on the
basis of solutions obtained with the formulated program, for
making rapid estimates of wall pressure distributions through the
interaction region for cases where the laminar boundary layer
remains attached. A Users' Manual for the laminar computational
program is contained herein.

Three incident shock mocels were designed for use in the experi-
mental program conducted in the Ames 3.5 Foot Hypersonic Tunnel.
Tests with the resulting models provided laminar and turbulent
boundary layer shock induced separation data including direct
measurements of up and downstream boundary layer profiles as well
as wall static pressure distributions through the interaction
region. Results of subsequent data analysis were compared with
applicable theories for predicting boundary layer separation
characteristics.

Aided by analysis of the eaperimental data, a simplified flow model
was formulated for the case of a two-dimensional turbulent boundary
layer incident shock interaction. Techniques for estimating the
change in boundary layer thickness scross the shock impingement
region were developed which give results in general agreement with
those obtained in the experimental program. Using the formulated
flow model co.cept, a method for predicting imminent neparation

was developed which was also found to be consistent with experi-
mental results, as well as qualitatively indicating the increased
stahility of the turbulent boundary layer at decreased wall
temperature and/or increased upsatream power law profile parameter
values.
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SECTION I
INTRODUCTION

At hypersonic flight speeds, the design of inlet compression surfaces
necessarily involves the use of secondary shock system compression to achieve
the increased combustor entrance pressure and temperature levels compatible
with high levels of engine internal performance at low values of external
drag. At these higher flight speeds, viscous effects play an increasingly
important role in the design and performance of inlet component compression
surfaces. While various methods are available for treating the resulting
combined viscous/inviscid flow fields for cases of continuous adverse pres-
sure gradient resulting from single family wave compression, methods for
handling viscous effects associated with oblique shock impingement are much
more limited in scope. Treatment of such problems necessarily involves
consideration of boundary layer separation phenomena. At supersonic speeds,
a considerable amount of adiabatic wall test data are available in the litera-
ture which can be used in assessing the probability of secondary shock in-
duced boundary layer separation for lower speed inlet applications. The
applicability of such lower speed techniques to higher Mach number applica-
tions, however, requires evaluation and possibly modification. In some
instances it is to be expected that new methods of analysis will have to be
formulated. The investigations described in this report have been addressed
to these proble ;, with the overall objective of significantly contributing
to their resolution as well as providing necessary insight to further re-
quired study. In accomplishing this purpose, a combined analytical and
experimental program was conducted such that thecry/dntu comparisons could
be made for both laminar and turbulent boundary layer-incident shock inter-
actions at hypersonic speeds. The computational techniques which were formu-
lated for the treatment of laminar and turbulent interactions were found to
give results consistent with those obtesined from tests conducted with the
component surface models at Mach 7 and 10 as well as with data reported by
other investigators, and thus are considered appropriate for current engi-
neering use in the design and performance analysis of hypersonic inlets.



SECTION 11I
ANALYTICAL PROGRAM
A. LAMINAR SHOCK/BOUNDARY LAYER ANALYSIS

Reference 1 documented the formulation of a method for the analysirc
of a laminar boundary layer/incident shock wave interaction following the
initial approach of Lees and Reeves in Reference 2. A User's Manual incor-
porating the most recent modifications to the resulting program is presented
in Appendix I of this report. The calculation procedure simultaneously
accounts for the combined interaction of the inviscid and viscous flow field
and establishes the extent of the forward propagation of the upstream pres-
sure disturbances given the upstream inviscid conditions and the shock im-
pingement point. Solutions can be obtained throughout the complete laminar
interaction. The results of such calculations have generally been found to
agree favorably with supersonic test data as indicated in Figure 1 of this
report for the data of Reference 3. Similar agreement at supersonic test
conditions was noted earlier in Reference 1 with the data of Reference 4.
Similar comparisons with data obtained at hypersonic speeds have been less
successful; due in part to the onset of boundary layer transition downstream
of the interaction. During the second phase of this study attention was
directed at modifications to the original program for the purpose of obtain
ing better theory/data agreement at hypersonic speeds and to increase the
class of laminar problems for which complete iterated solutions could be
obtained., The modified computer program was subsequently used for hypersonic
theory/data comparisons presented in Section III-D of this report.

a. Entropy Rise Effect

Boundary layer growth calculations are commonly carried out on
the basis of isentropic external flow at the boundary layer edge. Indeed,
the transformation between the compressible boundary layer equations and the
low speed form of these equations upon which the calculations are based is
dependent upon the external isentropic flow assumption. Although this re-
striction is undesirable, it has not particularly limited the engineering
usefulness of the results. In fact, such an approximation was employed in
the initial formulation of the Laminar Shock Boundary Layer interaction
calculation procedure reported in Reference 1. Even at hypersonic speeds
where the external flow may be highly rotational (due to a curved leading
edge shock wave) such quantities as shear stress and boundary layer momentum
decrement are found to be insensitive to the externul total pressure.
Instead, the free stream stagnation enthalpy level and the local static
pressure are fcund to be the principal controlling parameters.

The effect of total preasure change in a shoc.. boundary layer
interaction, however, is less cbvious especially at hypersonic speeds and
increased shock strengths., At low Mach numbers the laminar boundary layer



is separated by a rather weak incident shock and thus the downstream total
pressure is usually not very different from the upstream total pressure;
there is little need for including entropy variation effects in such analy-
ses. At higher Mach numbers, however, the normal shock Mach number (of the
oblique incident shock wave) can be much larger and therefore the total
pressure variation is of concern; particularly at increased values of turn-
ing across the incident shock wave system. As a consequence of this, a
modification has been made to the Laminar~Shock/Boundary Layer Interaction
computer program of Reference 1 which now accounts for the variation in
total pressure across the incident shock.

In accomplishing this modification, the boundary layer edge conditions
are still based upon the Prandtl-Meyer equations:

-~
<
a
il
<
<
n

Prandtl-Meyer angle at
boundary layer edge

<

D
(}]
<
I

o > = flow angle at boundary
layer edge

which are valid upstream and downstream of the incident shock wave respec-
tively. The value of v, is determined from the input value of Mach number;
the value of v, 1is calculater from the specified shock strength. Specifi-
cally, the boundary layer growth and edge Mach number are calculated up to

2 in Figure 2, and the downstream conditions at 3 are determined by a
constant pressure boundary shock reflection calculation. A knowledge of the
change in V and 6 across the shock expansion system leads to the following
equation for V_:

Vo = vy - 88y - (V=Y )

where AGS is the given flow deflection angle through the shock wave.

The calculation procedure has been formulated so that values of
displacement thickness and momentum decrement (momentum decrement equals

*
uza - PS5, where 9 is a boundary layer momentum thickness) are held

0
e
invariant together with static pressure from 2 to 3 in Figure 2. Other
quantities must now necessarily be discontinuou.. Whereas the isentropic
calculation procedure of Reference 1 permitted continuity across the inter-
face, the entire profile within the boundary layer must now be discontinuous
as well as the boundary layer edge values of total pressure, static tempera-
ture, density, Mach number and velocity.

Computed results using both the original isentropic method of Reference
and this subsequent non-isentropic modification are shown in Figure 3. At
these conditions, the effect on the static pressure distribution of account-
ing for the entropy rise appears to be small. The comparison shown is for a
given flow deflection of 5 across the impinging shock wave. By including



the total pressure loss (P /P = ,923) in the calculation, tle overall
static pressure rise has been reduced somewhat as would be expected. Although
the entropy effect would be more noticeable for higher impinging shock
strengths, an input value of Aés = 7.96 at these free stream conditions v-as
found to he too strong to permit a complete solution to be obtained with the
present laminar houndary layer model.

b, Strong Shock Convergence

Modifications to the Laminar-Shock/Boundary Laver Interaction program
have been made to increase reliability of the original convergence procedure.
During a typical calculation, an integration of the boundary layer/Prandtl-
Meyer equations is performed from a downstream point (station 4) to the
oblique shock incidence point (station 3). This integration involves assuming
trial values of momentum thickness 64 at station 4 and then iterating to

obtain
2 2
2 = 1
[pe ue ]3 Fe ue 7 2 $E

where subscripts 2 and 3 denote interface values immediately upstream and
downstream of the shock wave incidence point. Occasionally, during the
solution of some problems, values of €, may be selected by the iteration
procedure which cause the integration to fail before reaching station 3.
The difficulty is associated with the momentum thickness decreasing to zero
as shown hy the typical example of Figure 4.

When this situation is detected in the program, corrective action is now
taken as follows: 1in order to continue the iteration for the appropriate
64 a regative (fictitious) value of momentum thickness is calculated by the
simpie relation

e » *6 = 0 %sk
3 —V Re (2)

Rcl/x = input Reynolds number per unit length

(See Figure 4 for definitions of X and X_ )

B =0 SK

A plot of an actual iteration process using this procedure is presented in
Figure 5 exhibiting the present capability to obtain solutions to a class

of problems not previouslv possible. It should be pointed out, however,
that even with this increased capability, complete laminar solutions are

not always possible at the higher shock strengths. This analytical result
is in accord with the experimental results which conclusively indicated that
increased shock strength induced transition in that the separating laminar
boundary layver subsequently reattached and transitioned to turbulent flow
downstream of the interaction.



c. Perturbations Studies

To better understand the behavior of the laminar boundary layer under-
going a sudden pressure rise, it is, perhaps, desirable to investigate the
computed effects resulting from the perturbation of basic parameters. It
was felt that a perturbation study would demonstrate the significance of
certain parameters and, in particular might also allow determination of a
possible parametric variation which would result in a smaller interaction
zone with hypersonic flow. The results of this study are discu-sed in the
following paragraphs.

Primarily, the variation of tne shear parameter { has been studied.
Modifications were thus made to the Laminar-Shock/Boundary Layer Interaction
program so that the dimensionless shear parameter

g, (3 (3)

could be arbitrarily adjusted by the relation

L =z A
Ax ' Ap (4)
where 1' is the unadjusted "similar solution” value of 4, and A, and A, are
arbitrary constants which apply over the region downstream (upstream or both
upstream and downsiream) of the shock wave impingement. Provision was also
made for perturbation of the kinetic energy dissipation function

p =8, 9 « By (5)

With such an approach, however, it should be noted that a condition
imposed on all of the shock boundary layer calculations, including the
current perturbation study, is that at the beginning and at the end of
the interaction region the boundary layer must reach an "'equilibrium'' state.
That is, the dimensionless velocity profile does not change for a small
distance upstream or downstream of the terminal station. This implies that
the KE/momentum equation (Equation 32 of Reference 1) must, therefore take
on the value of zero at the upstream and downstream boundaries since dG/dx
must be zero:

.2

P uv
ee 4G . - ol - Sy 2E| ¢

v T 28 - G4 n[(;(Htr 1) e] 0 (6)

e

Since it 1s also usually assumed that the pressure grzdient is zero, (n = 0)
at the terminal stations, the above equation reduces to

20 - GL = 0O (7)



Unfortunately this equation will not remain satisfied if one of the parameters
¢, G or 4 is varied independently. Furthermore, at the upstream and downstream
boundaries of the intcraction region, the value of the low speed form factor,
H r is chosen so that Equation (7) is satisfied. This requires a shift in
Htyp from the nominal (flat plate) value if, for example, { is perturbed. In
the first three sets of calculations to be discussed, the value of { was
independently perturbed upward. This resulted in Htr (and 8*) taking on a
larger value. In the fourth set of calculations both { and ¢ were selected

so that other profile parameters would remain constant. For the four sets

of perturbation computations carried out, the results are shown in Figures 6
through 9 and are discussed below,

1) 4 -~ 1.25¢' downstream of shock impingement only:
5* (i.e. Hyp) increased at the downstream boundary to accommodate
the "equilibrium" conditisn., Consequently, the (initially
unexpected) result was that the shear parameter was reduced from
the intended perturbed value to a level which duplicated the
unperturbed value. Just downstream of the shock impingement, the
magnitude of the negative shear was found to increase and the
pressure gradient was slightly steeper.

2) 4 =4' . .04 downstream of the shock impingement only:
This resulted in a somewhat larger perturbation at the downstream
boundary from the previous case. Due to the 'equilibrium’ condition,
the resulting value of shear actually decreased. &% was larger over
the entire region, and to match the A* at the shock impingement
point, the leading edge of the interaction moved forward.

3) 4 - 4'+ .04 both upstream and downstream of the shock impingement :
Similar but more pronounced effects were found than in (2). The
length of the interaction was increased considerably.

4) 4 =4' .04, P = @'+ .0315 downstream of the shock impingement:
Using Equation (7) perturbation values of { and ¢ were selected so
that the other profile paremeters (G, Htr’ n, etc.) would remain
unchanged (at the downstream ooundary). In this case a truly in-
creased value of shear was obtained over the entire range of the
perturbation. However, the pressurec distribution and the length
of the interaction were only slightly affected.

It is concluded from this study that the parameters { and ¢ (and
probably G and E/G also) play second order effects compared to the form factor,
H¢,. Interaction effects with the frce stream are determined by the rate of
boundary layer growth. As the value of momentum thickness does not change
drastically over the interaction region, changes in the value of 5* follow
closely changes in the parameter Hy. For the turbulent boundary layer,
the form factor is smallcr than for the laminar layer. The corresponding
small interaction region of the turbulent bhourdary layer as observed in a
subsequent section is consistent with these laminar perturbation solution
results in that the length of the interaction seems to be primarily



dependent upon the change in layer thickness or more specifically, on Htr'

d. Interaction Correlation

By making certain approximations, in Reference 7 Erdos and Pallone
developed a correlation of the axial pressure distribution for a ''free
interaction' boundary layer separation region. Such a ''free interaction” will
exist upstream of an impinging shock wave if its strength 1s sufficient to
separate the boundary layer and form the familiar pressure plateau. Unfortu-
nately, the extent of forward feed of the pressure rise (or 'free interaction')
has not been correlated successfully. This forward feed, or conversely, the
degree to which the pressure plateau is evident is a function of the shock
wave strength. By introducing a shock strength correlation parameter, the
concepts of Erdos and Pallone are here extended to include both the separation
and reattachment zones in the shock-boundary layer interaction. Thus the
axial pressure distribution, including the extent of upstream and downstream
separation, 1is correlated for various values of the shock strength parameter.
Based on laminar boundary layer calculations, the correlation appears to be
valid for a limited range of conditions.

The approximations used in the correlation development are presented
below:

1) The normal gradient uf shear stress at the wall, thiroughout the
interaction region, is related to the wall shear and boundary
layer thickness at some reference point, and a universal function f,.

2 - TR .
w

dy 5*R ol ™A% (8)

The subscript 'R' denotes the reference point, which Erdos and
Pallone take as the beginning of the pressure rise. Most signifi-
cant, the function f_, is assumed to apply at all Reynolds number-
Mach number conditioﬁs; AX 1s a characteristic length of the inter-
action region,

2) Similarly, the boundary layer edge slope is related to a reference
value of 5* and a distance from the reference point by a second
universal function, fl
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3) The Prandtl-Meyer relation

P
vV, v, = f 2 8 dp (10)

P1 YPM2



is approximated by

B
Vv -V = R _ (11)
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Approximations (9) and (10) imply that the length of the interaction is small
(or constant) relative to distance from the effective origin of the boundary
layer. That is, the change in boundary layer edge slope and T /P due to the
natural boundary layer growth (without a shock wave impingement) must be
small compared to the changes imposed by the sudden pressure rise. The
turbulent boundary layer meets these requirements more closely than the
laminar boundary layer since dﬁ*/dx and TW/P nominally vary with the .2

power of X rather than the .5 power. Approximation (11) limits the correla-
tion to weak interactions.

In spite of possible limitations of the correlation formula, especially
for a laminar interaction, it is worthwhile to explore the calculated results
using the Laminar-Shock/Boundary Layer Interaction theory. In order to
generalize Erdos and Pallone's work to the entire interaction region, a
shock strength parameter

Aes AGS = flow angle deflection
= through the impinging shock
1 (12) wave, in radians
= B C
2 'R fa

is introduced. The pressure and distance parameters are:

P-P
: g = 2o 2} (13)
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Erdos and Pallone chose the reference point, denoted by 'R', as the beginning
of the interaction region. However, because of the difficulty of locating
the beginning of the smooth pressure rise, it was elected to calculate the
reference values, B and C_ , at the shock impingement point assuming
undisturbed flow, instead. R

The resulting correlation is found to be only moderately satisfactory
for laminar layers. Calculated results for a shock strength parameter of
unity and a range of Mach number and Reynolds number conditions are shown
in Figures 10 and 11. Figure 10 shows the actual caiculated wall pressure
distributions for an oblique shock wave impinging on a flat plate. Note



that the impinging shock is quite weak so that in tlese cxamples no pressure
platcau is formed. In Figure 11 the same data are plotted in terms of the
correlation parameters. The MO - 10, ROXSK = 1.6 X 109 condition is in-
cluded for comparison although Approximation (11) is badly violated, in this
particular casec.

It appears tlat the correlations obtained have applicability in
regions of low Mach number and high Reynolds number for a laminar boundary
layer and thus in some instances could be used in place of more formal
computer solutions.

B. TURBULENT—SHOCK/BOUNDARY LAYER SEPARATION FORMULATION

Comparison of schlieren and wall static pressure data (Section III D a,
Figures 75 through 80) document contrasting differences between the laminar
and turbulent-incident shock wave/boundary layer interactions. Of particular
importance in the formulation of simplified flow models is tne observation
that the shock impingement and reflection from a non-separating laminar
houndary laver occurs more or less as a constant pressure boundary phenomena,
wherecas with the turbulent interaction the impinging shock penetratces dcecep
into the viscous flow and reflects in a manner similar to that associated
with a non-uniform flow field interaction. Such differences, coupled with
the fact that data obtained under this program, as rcported in Section III-D,
have consistently documented the stability of the non-adiabatic wall hvper-
sonic turbulent bhoundary layer over a range of shock impingement strengths
such as might be associated with hypersonic inlet operation, led to the
formulation of the simplified flow model depicted in the schematic of
Figurce 12.

With respect to analysis in connection with the simplified two-
dimensional tlow model of Figure 12, the following key assumptions are made:

1. The inviscid and viscid conditions up to A are known.

2 There is no significant mass addition in the region A to B.

3. Wall friction is negligible in the region A to B in regard to
its influence on profile shape.

1, Boundary layer edge conditions and flow direction can be deter-
mined from the known incident shock strength.

5, The reflected shock strength is that required to turn the boundary
layer edge flow back parallel to M; at B.

6. The wall temperature to stream total temperature is constant.

7. Constant pressure mass addition occurs in the region B to C.



8. The distorted btoundary laver profile at B mixes out to a typical
turbulent profile at C.

In spite of the fact that such a formulation is an over-simplification
of this complex problem, it is believed that results obtained from subsequent
related analysis will be of engineering usefulness in current hypersonic
inlet design applications until more detailed analyses are conducted.

Many of the preceding flow model assumptions are an outgrowth of data
analysis subsequently presented in Section III-D of this report. For
instance, in Figure 13 it 1s seen that such a flow model leads to reasonable
approximations for the inviscid boundary interaction length while providing
indirect substantiation for assumptions 4 and 5. The degree to which
assumptions 7 and 8 are experimentally justified, beyond expediency of
analysis, can be assessed from the wall and boundary layer edge pressure
distribution comparisons of Figure 14 and probe station 3 boundary layer
profile measurements reported and discussed in Section III-D. The schlieren
photographs of Figures 15 through 17 document visual similarities with the
simplified flow model of figure 12 and suggest that such a formulation might
be acceptable for incorporation with combined Method of Characteristics-
Boundary Layer analysis of the inlet flow field, providing boundary layer
integral properties (particularly displacement thickness) can be reasonably
estimated immediately downstream of the interaction.

Consequently, during the course of this study, two methods of analysis
constrained by the preceding assumptions were developed for estimating
boundary layer integral property change across the immediate region of an
impinging shock interaction., Numerical results obtained rom both methods
are similar and agree favorably witl, data obtained under this program.
Limited checks with data reported by other investigators indicated similarly
favorable agreement.

In the first method, it is assumed that compresrible flow profiles can
be adequately represented by the modified Crocco enthalpy distribution and
the power law velocity expression:

2.
n

Momentum and continuity are bal~nced across the boundary layer control
volume from A to B in Figure 12. This is an iterative calculation to
determine the downstream shape factor at B in Figurer 12 through simultaneous
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The second method, described in detail in Reference 5 is zn integral
method approach., The incompressible moment of momentum equation is solved
to ohtain an expression for the change in incompressible shape factor.
Simple power law profiles in the incompressible plane are transformed using
the Stewartson transformation to obtain a compressible solution. The Crocco
temperature distribution is utilized to obtain non-adiabatic wall solutions.
The latter indicate a significant increase in stability (in terms of shock
strength) due to wall cooling. The computational procedure as prepared for
desk calculation is presented in Appendix II along with the necessary integral
computational curves.

Numerical results are compared with incident shock Model C data in
Figure 18, The shock pressure ratio and Mach number ratios used in the
analytical estimates are based on oblique shock solutions for the shock
generating cowl angle of attack. The upstream boundary layer profile
characteristics used in the analysis are based on results obtained from
single probe profile traverses. The experimentally determined boundary
layer thickness ratios were established through interpretation of schliercn
photographs supported by the upstream profile measurements. Considering the
simplifying assumptions inherent in the analytical model upon which the
formulated calculation procedure is based, the degree of agreement indicated
between the numerical results and the data over such a wide range of shock
strengths is considered most gratifying.

The trend of the data and the numerical results exhibited in Figure 18
suggest an interesting trade-off occurs between boundary layer thinning due
to compression of the boundary layer "stream tube' and thickening due to
profile distortion. At the weaker shock strengths, there is little profile
distortion and the downstream boundary layer thins as a result of the
continuity balance associated with the compression process. As the shock
strength is increased, the downstream profile becomes significantly enough
distorted to promote a thickening trend. Ultimately, as separated flow
conditions are approached the profile distortion dominates, with the net
result that the boundary layer thickness ratio begins to increase as the
shock strength is increased.

If it is tacitly assumed that boundary layer separation is imminent
upon distortion of the incoupressible profile at B (Figure 12) to a valuc
of N =1, then a limiting Mach number ratio for attached boundary layer
across the shock interaction can be computed using the procedures outlined
in Appendix Il with results as presented in Figure 19. (The choice of a
limiting value of N = 1 results from the observation that reverse profile
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curvature, similar to that encountered as separated flow conditions are
approached, occurs for N < 1). In examining trc curves of Figure 19, it is
noted that the predicted influence of wall temperature ratio is in accord
with experimental observations, At supersonic speeds, where near adiabatic
wall temperatures are generally the case, less compression (in terms of Mach
number reduction) is predicted before boundary layer separation is imminent.
On the other hand, at hypersonic speeds, where wall cooling is a physical
necessity, and particularly at the low wall temperature ratios associated
with shock tunnel testing, significantly more compression potential is
predicted before the on-set of boundary layer separation.

Accepting the results of Figure 19, it is then desirable to re-cast such
separation criteria into a form perhaps more suitable for general application.
Boundary layer separation pressure plateau levels are frequently expressed
as a function of parameters such as Mach number, skin friction coefficient,
and Reynolds number just upstream 2f the shock impingement point. (See
for instance, Reference 6 and 7.) On the basis of the experimental results
reported in Section III-D however, it is apparent that a wide range of
non-separated boundary layer shock induced pressure rise ratios, such as
might be employed in hypersonic inlet compression prccesses, are attainable
before a turbulent separation pressure plateau occurs. Consequently, it
seems appropriate, and is perhaps of greater engineering usefulness to
express such separation criteria in terms of the inviscid shock strength
for which separation is imminent at a prescribed level of upstream wall
shear. In accomplishing this end, Figures 20 through 22 were prepared by
combining the separation prediction of Figure 19 with the turbulent flat piate
skin friction law developed by Spence in Refercnce 8 which can be expressed
for compressible flow as:

2w -

T N+l N«1 (17)

(See page 32 of Section IIl-D-a ror additional information.) This particular
skin friction law was selected because of its generality with respect to N
and because of the variation of N encountered in the test results of this
program., The predicted sensitivity of turbulent boundary layer separation
to N (Figure 19) amplifies, for the present application, the relative
scatter in correlation plots of this power law parameter as a function of
Reynolds number (curves presented in References 9 and 10 for example). It
was thus decided best, at present, not to reflect a correspondence between
the power law profile index and Revnolds number in separation curves such

as those of Figures 20 to 22.

In using the latter curves to assess the probability of incident shock
induced turbulent boundary layer separation, it shtould be noted that for any
given impinging shock strength (/9) and upstream flow conditions, the
corresponding values of _2 given in Figures 20 to 22 represent, on

Cf(Ree) N+1
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the basis of the formulated analysis, the minimum values required to avoid

separation. Thus for conditions wit!l. greater 2 no separation
N+l
Cf(RcB) )
is predicted, and correspondingly, at lower values of C (Rea) ”*I, separation
is presumed imminent, This criteria .+ used in Section III-D-a in -~unjunction

with shock impingement data obtaind arder this program, and is also compared
against data obtained by other investigators (Figure 101) wherein required
upstream boundary laver profile .;ata as well as shock strengths required for
separation were reported. The rel .tive agreement between the cxperimental
results and the predictions are considered to substantiate the engineering
usefulness of this relatively simple formulation.

SECTION II1I
EXPERIMENTAL PROGRAM

A. MODELS AND INSTRUMENTATION
a. Model C
(1) Design and Fabrication

Model C is basically a twice scale version of Model A which was shock
tunnel tested earlier in the program at Cornell Aeronautical Laboratory (CAL)
and at General Electric Missiles and Space Division (MSD) as reported in
Reference 1. For the Model A shock tunnel tests emphasis was placed on
static pressure, heat transfer, and skin friction distributions for shock
induced boundary laver interaction phenomena. The emphasis during Model C
testing in the NASA-Ames 3.5 foot Hypersonic Wind Tunnel was on boundary
layer profile and ramp pressure measurements.

Model C was designed and fabricated as two independent major assemblies:
the fixed 3 degree ramp assembly, Figures 23 and 24, and the remotely position-
able flat plate cowl assembly, Figures 25 and 26.

The fixed 3 degree ramp assembly consists of an i8" wide X 48" long
7075 Aluminum ramp plate (forward portion satercooled) with a detachable
tool steel, water cooled, sharp leading edge component, and a detachable
cast aluminum undercarriage housing with a steel U section adapter. Top
and bottom view photographs of the ramp assembly (before instrumentation)
are shown in Figures 23 and 24. The aluminum undercarriage housing rigidly
supported the ramp plate and housed the probe actuators and other attendant
instrumentation. Final finishing of the ramp aerodynamic surface was
accomplished with the undercarriage housing installed. The transition from
the steel leading edge component surface to the aluminum ramp surface was
perfectly smooth and remained so during the 79 test runs. The U shaped
steel adapter, attached to the undercarriage housing and the bottom of the
ramp plate, mounted on the steel NASA-Ames Pressure Transducer Pod Housing
which in turn was supported by the tunnel strut system
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The cowl assembly consists of an 18" wide X 41" long 7075 Aluminum
cowl plate (forward portion watercooled) with a detachable tool steel,
watercooled, sharp leading edge component, a T long aluminum cowl extension
plate, cowl side plates, a 4130 Steel support and pivot assembly, and a
cowl drive assembly. Top and bottom view photographs o7 the cowl Dlate
with cowl extension plate and support fittings installed are shown in Figures
25 and 26.

(2) Instrumentation

The Model C ramp was instrumented with 69 static pressure taps and
11 surface-embedded thermocouples. The location and identilication of the
taps and thermocouples are shown in Figure 27, The .063 OD X .042 ID
leadout tubing installation and one probe actuator installation are shown
in the photograph of Figure 28. All the .063 OD pressure tubes were press-
fitted into jpre-drilled holes in the ramp plate and honed flush with the
top surface. Each tube was painted with Glyptol where it emerged from the
underside of the ramp plate to insure an airtight seal.

The Model C cowl rlate was instrumented with 10 static pressure taps
and 4 surface-embedded thermocouples. The location and identification of
the taps and thermocouples are shown in Figure 29,

The small probe actuator used to drive the NASA-Ames pitot pressure-
static pressure-total temperature combination probe is shown in the photograph
of Figure 30 (shown approximately full size). The actuator consists of a
17,100 RPM DC motor and appropriate gear reduction to provide .80 inch
travel in approximately 10 seconds. This rapid travel time is of the same
order as the probe instrumentation response time. Thus the boundary laver
pitot pressure survey data points were obtained shortly after the probe
instrumentation equilibrated. The actuator included a 10 turn potentiometer
for measuring probe position. The potentiometer was connected as two arms
of a bridge circuit which enabled zeroing at any position. As the probe
height changed, the unbalanced bridge voltage was displaved on a digital
voltmeter to provide continuous probe position readings. Pre-test
calibration of the probe height positioning circuits indicated that the
probe coculd be repositioned at any height with an accuracy of :.002".

Also provided on the probe actuator were two limit switches. These switches
limited the probe travel so that the probe would not emerge from the surface
of the ramp beyond the design limit of .7" and would not hecome jammed
against the ramp surface during probe withdrawal.

A pitot pressure-static pressure total temperature combination prohe
developed by NASA-Ames was used for the ramp boundary layer profile surveys.
The three-prong probe is shown in Figure 31. Views of the probe and a
typical installation on the ramp surface are depicted in the photographs of
Figure 32. Alternate static probe "y'" was used for all data presented in
this report. The combination probe was remotelv positioned at various
points across the boundary layer and its height position and the three
measured quantities were simultaneously recorded on the Beckman recording
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system. The output tape from the Beckman system was then processed using the
NASA data acquisition program. The probe's height position, pitot pressure,
static pressure and total temperature we:e printed out for use in subsequent
data reduction.

(3) Boundary Layer Trips

For the Model C - NASA Ames tcsts several factors known to influence
transition were fixed by the 3.5 foot tunnel test facility set-up. These
were Mach number, wall to free stream temperature ratio, and free stream
turbulence level., The magnitude of the Reynolds number, hased on distance
from the model leading edge, was limited by total conditions available and
model size.

To promote boundary layer transiticon,a series of bLoundary layer trip
configurations were utilized. Limited testing was accomplished on several
trip configurations as indicated in the schematic sketch of Figure 33.
However, trip configuration #5 (which incorporates trip configuration #3)
proved most effective and was used for the balance of the Mach 10 testing
program.

Trip configuration #3 consisted of 1/8" diameter steel balls on 3/8"
centers being emhedded into and then high temperature brazed onto a .020"
thick steel strip. The overall height of the trip was .130". This configura-
tion was secured to the ramp surface with epoxy and also at 12 intermediate
positions across the widthk of the ramp with small screws.

Trip configuration #5 was comprised of Trip configuration #3 (at ramp

station X = 9.8") plus two rows (at ramp stations X = 4" and X = 7") of
#2-64 Fillister Head screws on 3/8" centers across the width of the ramp.

(4) Installation

The Model C ramp assenbly, without the cowl assembly, was installed in
the tunnel for the first 34 test runs. The installation is shown in the
photograph of Figure 34. The ramp was axially oriented in the test section
so as to utilize three of the five available schlieren windows. The three
windows, designated windows #2, #3, and #4, are centered at test section
stations 46", 63", and 80" respectively. The leading edge of the ramp was
located at test section station 41.25" or approximately 1" downstream of the
upstream edge of the #2 window glass. A special steel panel was fitted into
the #5 window frame (centered at station 102") for instrumentation, accessory,
and watercooling lines.

Prior to the ramp installation, the NASA-Ames Pressure Transducer Pod
Housing (with provisions for 72 Statham pressure transducers with electrical
disconnect assemblies) was mounted on the ramp undercarriage adapter and
then all model to transducer instrumentation hookups were completed and
checked out.
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The Model C cowl assembly was installed in the tunnel for test runs
35 through 66. The Model C ramp and cowl installation is shown in the
photograph of Figure 35. Complete Model C assembly and installation details
are documented in the reduced size assembly drawing of Figure 36.

A special 4130 Steel hatch plate, 10" wide X 40" long X 2 1/4" thick,
was fabricated as part of the cowl assumbly. This plate fitted into the
existing hatch opening on top of the tunnel test section and served as the
mounting plate for the cowl support yoke and the cowl drive assembly,
Vertical adjustment (3/4") of the cowl was provided by spacers inserted
between the hatch plate and the cowl support yoke. Axial adjustment a"
upstream) of the cowl was also provided.

The cowl was driven through 13 degrees angle of attack by means of a
commercially available worm gear jack assembly (2 ton capacity, 6 travel)
which, in turn, was driven by a direct-current, variable speed motor. Both
the jack assembly and the motor assembly were mounted on the hatch plate
outside the tunnel. The screw of the juack assembly was attached to a 1.50"
diameter 4140 Steel shaft extending through the bearing surface and 0"
ring pressure seal in the hatch plate. The shaft in turn was bolted and
pinned to a steel yoke which carried a cam follower. The follower rode
in the cam-slot of an inverted T-siction (slide follower) bolted to the
forward and outboard side of the cowl plate. The cowl angle position was
determined by a linear motion potentiometer mounted outside the tunnel on
the jack assembly support housing. The shaft of the potentiometer was,
in turn, connected to the cowl drive shaft. The resolution of the
potentiometer provided cowl angle position to within 0.1 degree.

A sheet metal streamlined heat shield (1/8" thick 4130 Steel) was
attached to the underside surface of the hatch plate to protect the outboard
portion of the drive assembly strut from heat distortion. A similar shield
was attached to the cam-follower yoke to protect the inboard portion of the
strut and the cam-follower yoke arfsembly. The two shields overlapped with
sufficient clearance for the required 4 1/2" movement of the strut. The
flexible huse water lines leading from the cowl were routed to fittings
threaded into the underside of the hatch plate.

No major problems were encountered in the installation and operation
of the cowl assembly., However, one minor modification was required after
the first cowl-on test run. A slight deflection of the cowl assembly drive
shaft caused the cam follower to move in the cam slot, allowing an angular
shafting of the cowl. This problem was solved by restraining the shaft
with a brass bushing supported within the outboard heat shield.

The Model C ramp and cowl assembly remained steady during the 79 test
runs; no vibration or shifting of the model was evident. Both the 3.5 foot
tunnel and the model started without difficulty in spite of a frontal area
blockage ratio of 17%.
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b. Model D

Model D was a modified version of Model C and consisted of two 60
degree swept vane comprrssion surfaces mounted on the fixed 3 degree ramp
surface of the Model T ramp assembly as shown in Figure 37. The purpose of
testing Model D wzs to investigate the interaction between vane generated
shocks and the ramp boundary layer such as exists in three-dimensional
SCRAMJET inlet configurations,

The vanes are designated Right Vane and Left Vane as viewed from the
aft end of the model looking upstream. The vanes were manually pivoted from
6 degrees to 8 desrees on the ramp surface (and locked in position) to provide
variable strength vane shock pressure rises. Boundary layer trip coafigura-
tion #5 (Figure 33) is shown installed on the ranp surface (top photograph)
for one of the test runs. A total of 11 test runs (runs 24 through 34) were
made with the Model D configuration prior to the installation of the Model C
cowl assembly.

Vane geometry and instrumentation location and identification are
documented in the schematic sketch of Figure 38. The internal wedge angle
of each vane was 6 degrees when in the design position as shown in the
installation configuration of the schematic sketch. The sharp-pointed
leading edge of each vane was located 16.65 inches from the ramp leading
edge with the vane set in the design p sition. The right vane was instrumented
with 17 static pressure taps on the cc -ression surface and 2 static pressure
taps on the top surface. The left vane was instrumented with 5 static pressure
taps located in the same positions as 5 of the taps in the right vane and was
used to check symmetry of vane internal flow field. Five surface-embedded
thermocouples were also installed in the left vane in the same positions as
5 of the static pressure taps on the right vane. These thermocouples were
installed to monitor the vane temperatures so as to prevent overheating of
the several thin sections of the 7075 Aluminum vanes.

The outboard sides of the vanes were milled out as shown in Figure 39
to facilitate drilling the holes for the pressure and temperature instrumenta-
tion. The pressure tubing was press fitted into the pre-drilled holes in
the compression surface and honed flush. The right vane is shown fully
instrumented with the pressure tubing held secure with nichrome strips
tack welded to steel strips which were in turn bolted to the aluminum vane.

c. Model E-3
(1) Design and Fabrication

Model £-3 is a two dimensional isentropic compression ramp with a shock
generating cowl. The model size and surface coordinates of the ramp and
cowl were obtained by scaling up by a factor of 2, Model E-1 which was tested
earlier in the program in the CAL and MSD shock tunnel facilities. Model E-3
ramp, cowl contour geometry and overall dimensions are shown in the schematic
drawing of Figure 40.
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The Model E-3 ramp compression surface plate was fabricated from
6061-T6 Aluminum in the same manner as was the Model C ramp surface plate.
The same approach to the design of the watercooling system and detachable
tool sterl, watercooled, sharp leading edge component was used as shown in
the photograph of Figure 41. However, the Model E-3 ramp (and cowl) width
was reduccd from 18" (Model C) to 14" to minimize tunnel blockage. The NASA
combination probe positioner plates, the .062" diameter predrilled static
pressure holes, and the boundary layer trip tapped holes are also shown in
the figure. The Model E-3 48" long ramp surtace plate utilized the Model C
ramp cast aluminum undercarriage with its steel adapter section and three
probe actuators.

The Model E-3 cowl assembly consisted of a 14" wide X 15" long 6061-T6
Aluminum contoured cowl plate (forward portion watercooled) with a detachable
tool steel, watercooled, sharp leading edge component, and a 4130 steel cowl
support and positioning device as documented in the reduced size drawing of
Filgure 42. The cowl positioning device was manually pre-set prior to each
test run and provided for both horizontal and vertical cowl displacement in
accomplishing cowl angle of attack changes. Flexible-hose water lines
leading from the cowl watercooling system tub2s provided the flexibility
required for cowl positioning.

Although the Model C cowl was remotely positioned through angles of
attack in a continuous manner, a similar arrangement for the Model E -3 cowl
was not practical. The Model C cowl was actuated through the overhead hatch
plate at test section station 43" which was a considerable distance upstream
(approximately 30") of the shorter Model E-3 cowl leading edge. Consequently,
cowl drive shaft interference and stagger significantly complicated the
efficient design of a similar system for Model E-3,

(2) Instrumentation

The Model E-3 ramp was instrumented with 80 static pressure taps and
11 surfacc-embedded thermocouples. The location and identification of the
taps and thermocouples are documented in the schematic sketch of Figure 43.
All static taps were drilled normal to the curved surface of the ramp. The
method ot installang the .063" OD X .042 ID pressure tubing and the three
probe actuators was the same as described for the Model C ramp. The
underside of the Model E-3 ramp plate, however, was milled to accept the
probe actuators (at the three probe stations) for normal to ramp curved
surface imnersion of the NASA-Ames combination probe.

The Model E-3 cowl was instrumented with 11 static pressure taps (normal
to the contoured surface) and 2 surface-embedded thermocouples. The location
and identification of the taps and thermocouples are documented in the
schematic of Fijure 4.

The three probe actuators and the NASA-Ames boundary laver combination

probe previously described for the Model C testing program were also used
for Model k-3 testing. The NASA-Ames combination probe reading stations for
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Model E-3 testing are indicated in Figure 40 as are the reading stations

for the *otal pressure probe rakes A and B. Rake A was a fixed rake while
Rake B was a movable rake, the shaft of which attached to the vertical member
of the cowl suppo:rt.

The individual probe centerline heights in inches above the ramp surface
for each rake were as follows:

Rake A Rake B
Probe No. (14 Probes) (12 Probes)
Probe E Height Probe G, Height
1 .028 .20
2 .070 .70
3 .106 1.20
4 .145 1.70
5 .189 2.20
6 .262 2.70
7 .344 3.20
8 417 3.70
9 512 4,20
10 .616 4,70
11 717 5.20
12 .821 5.70
13 .920 -—-
14 1,008 S

Data obtained with rakes A and B were generally in the field of the
cowl trailing edge expansion and thus were of limited value in regard to
evaluating downstream profile distortion effects.

(3) Boundary Layer Trips

During the Model E-3 Mach 10 testing program a total of 16 test runs
were made with boundary layer trips installed. The boundary layer trip
configuration selected for the Model E-3 ramp is documented in the schematic
sketch of Figure 45. Three rows of #2-64 tapped holes on 3/8" centers were
installed across the width of the ramp at stations 4", 5 1/2", and 7" from
the ramp leading edge respectively. Gaps in the spacing of the tapped
holes in rows 2 and 3 were necessary to forestall breaking into the water
cooling chambers fceding the cross-over water lines in the aluminum ramp.

For test runs 3, 4, 10 and 11, #2-64 stainless steel set screw trips
were installed in rows 1 and 2 with trip heights set at .040" and .060"
respectively. For the remaining 12 test runs utilizing trips, the set
screw trips were installed in rows 1 and 3 with trip heights set at .060"
and .085" respectively. A typical installation of the boundary layer
trips (row 1 with trip heights .060" and row 3 with trip heights .085")
is shown in the photograph of Figure 48.
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(4) Installation

A total of 35 test runs at Mach 10.5 and Mach 7.3 were made with the
Model E-3 ramp assembly installed as shown in the photograph of Figure 46.
The fixed axial orientation of the Model E 3 ramp ussembly in the test
section was the same as the axial orientation of the Model C ramp assembly,

The complete Model E-3 installation is shown in the photograph of
Figure 47. The cowl is shown with aluminum side plates installed. The
method of attaching the cowl support and positioning device to the ramp and
cowl is documented in the reduced size drawing of Figure 42. Cowl angle of
attack positions ranging from -3° to + 18° were manually set within ,01©°
accuracy using a gunner's quadrant graduated in mils.,

Test runs 15 through 41 at Mach 10.5 and test runs 61 through 92 and
96 through 107 at Mach 7.3 were made with the complete Model E-3 installation.
During test run 20 a severe crack developed in the ramp detachable leading
edge component. The crack was located near the centerline of the model and
‘extended from the sharp leading edge approximately 1" aft, then laterally
across the component along a 3,'16" diameter watercooling passage. The cause
of the failure was attributed to inadequate heat treatment or stress reliev-
ing of the leading edge component during fabrication. In order to continue
testing with minimum delay, the damaged leading edge component was removed
from the ramp and the Model C watercooled leading edge comporient was
installed. Although otherwise interchangeable, the Model C leading edge
component was 18" wide and provisions had to be made as shown in the photo-
graph of Figure 48 to adapt to the 14" wide Model E-3 ramp. The transition
from the Model C steel leading edge component surface to the Model E-3
aluminum ramp surface was smooth and continuous, and the modified installa-
tion was used successfully for the remaining 89 test runs of the program,

Cowl side support struts, which were installed early in the cowl-on
phase of test runs to prevent movement of the cowl during tunnel operation,
are shown in the photograph of Figure 49. Not shown are 5/%" wide stream-
lined spacer blocks installed between the cowl and ramp anu the cowl support
struts. These spacers were necessary to prevent local shock impingement from
the support struts upon the ramp, a condition which could cause non-start or
choking of the inlet.

B. FACILITY DESCRIPTION

Models C, D and E } were tested in the NASA-Ames 3.5 foot Hypersonic
Wind Tunnel facility which is shown in the sketch of Figure 50. This tunnel
is an intermittent blowndown tunnel with running times ranging from 1 to 4
minutes and contoured nozzle Mach number capabilities of 5, 7, and 10. The
tunnel was operated at Reynolds number per foot varying from 2 X 109 to
3.5 X 106 at Mach number 7 and 5 X 102 to 2.2 X 106 at Mach number 10. The
stagnation pressure varied from 50 to 600 psia at Mach number 7 and from
400 to 1800 psia at Mach number 10,
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The tunnel operates with a combination of initially high pressure air
and pre-test vacuum pumpdown. High pressure air from storage cylinders is
routed through the 2000°R pebble-bed air heater into the nozzle section. The
heated air is expanded through the nozzle (cooled by a helium injection system)
and enters the test section of the tunnel. The air passes over the model into
the diffucer section and eventually dumps into four interconnected large
vacuum spheres which are initially pumped down to 1/4 psia for tunnel start-
ing. The combination of the high pressure air and the vacuum pumpdown results
in a pressure ratio necessary for tunnel starting. Model starting loads are
held to a minimum during the tunnel starting phase by gradually raising the
tunnel total pressure. As a safety precaution the tunnel starting procedure
includes the sequential operation of a series of interlocks,

A view of the tunnel test section with the Mach 7 nozzle section
installed is shown in the photograph of Figure 51. 1In the foreground of the
photograph is a partial view of the schlieren system. Tie tlree windows lo-
cated between the test section door actuator arms are those used for Models
C, D and E-3 schlieren photography. The downstream window frame contains the
special access panel for watercocling lines and instrumentation lines. The
raised door in the background is the one normally used for access to the
test section and model installation.

The tunnel test section is 156" long from the nozzle cxit flange face
to the diffuser entrance flange face. The test section inlet diameter is
42.00" (Station 0") and the exit diameter is 45.307" (Station 156"), resulting
in a straight test section wall taper angle of 0° 36.5' for the full 156"
length., Door openings on each side of the test section are 110 long (Stat:on
8" to Station 118") and taper in height from 21.42" at Station 8" to 22.53"
at Station 118". The inside walls of the remotely operated doors are curved
and tapered to conform to the interior walls of the test section., The doors
also incorporate the schlieren windows which are centered at Stations 24",
46", 63", 80", and 102". The windows are normally 6' high and 12" long, but
the actual exposed glass of the windows measured 5 1/4" X 11 1/4" for this
testing program. Windows centered at Stations 46", 63" and 80" (designated
as windows #2, #3 and #4 respectively) were utilized for schlieren photography.
A hatch opening 6" wide X 36" long (Station 18" to Station 54'') on top of the
test section was utilized for the special hatch plate for the Model C cowl
drive assembly. A facility hatch cover, with its interior surface conforming
to the interior wall curvature of the test section, is installed for normal
testing.

The gimbaled vertical section of the model support assembly is vertically
adjustable and enters the bottom of the test section with its centerline at
Station 108'. The 8" OD horizontal section of the model support assembly
extends upstream to Station 97.7" and accepts a keyed 5" OD model strut. The
NASA-Ames Pressure Transducer Pod Housing, upon which Models C and E-3 were
mounted, incorporated a 4.997" OD X 2.4" ID integral shaft with a 7" long
ayed bearing surface which entered the horizontal model support bore.
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A single pass Z type schlieren system with a mercury vapor light source
was used in the Model C and Model E-3 testing programs. The schlieren system
had provisions for simultaneously viewing the model and taking schlieren
photographs, Polaroid photographs also could be taken of the viewing
plate for immediate perusal or comparison with the test data.

Data acquisition was accomplished by sampling of the electrical signals
from the Model PA208TC Statham absolute pressure transducers (lowest range
O - 5 psia) on the data tape of the 100 channel high speed Beckman analog to
digital recorder. Model surface pressure and temperature measurements were
handled in a standard manner by computing (using the Ames computer programj)
on “he IBM 7094 the surface to free stream static pressure ratio, etc., from
the beckman system data tape.

C. RUN LOG

A run log for tests conducted with Models C, D and E-3 is included here
for reference purposes. Test data obtained during the Mach 7.3 and 10.5

testing at NASA-Ames was compiled for use in data analysis in References 11
and 12.

22



NT X 2n°
¢ T X'l

-- a -- -- =& G 9/11°2 0T O T

d TOVOW - POTTBISUL SoUvp -- 0 == oy o = n\>m.# o' 0T G N

- -- -- T -- -- GfLLl ontot TN

= e - T -- --  9/fo'T  GSTOT M T

Toprow 3o Bulioco oN X - = < = S# 9/0T 6GTOoT ek

Ju1To00 ON X == -- T -- G 9/e0te 0G0l ST

X = == Z == G4 9/60¢ %01 Lo T

.X - o £ = S 0/00te 2G0T T

S = e —= ¢#

X -- - -- -~ wx ¢ ojigg 00T 2Te T

7T uny Jo unaay - - -- ¢ -- --  a/legre 4501 22T

e L ¢ -- --  afloe 4501 CoT

R -- £ -- - G/NE) ontoT TOOT

- - - c -- == /61Tt GyOoT 201

= o - g -- - G/ELL ool AT
3.2 8UT JO Jdopulwvwad

3U3Y 20J Pasn 1x Q0. -- -- -~ 2 -- -- 9/10° 2 G601 GEST
pasn

(2138IS ICUS) Zf 2q0dd - -- e = 14 nfan-1 3% 0T ThT
pasn

(913B3S JUOT) Ts 2q04d - -- == 2 -- T4 o/n0°g el +fT

-- = SO = == # /a6 2601 &1
NI Sy} d9308

resowad sq031d odujang Y -~ - - - - -- H% O\N.O.m RASON v i1

pa1ley 2# drag X o -- -- -- = S# O 9/fur T 60T e T

x - - - — -

- -- -- -- o - wjwr Mot late

5= oc oc == == == a/esTl o netOT LT

.- -- - -- -- --  G/Fh owtor T

*
SIOLId (934) (23d) ST RIS 2q08d - ANOD H-AH;V . (Yo)
MY JoVAHOS A2 2 1dCHd K 1Id FTIEnoa dIYL Coy W st

d/0 T3ITOW - DHOT NNH

+

S

L T, P

.
]

RV RS

)
i

Qy /
AKAAREAN ST IQV VIV

-

S R

—4
—~ N

DL L
o

—

S

—t
—

-

o e

(o)
pt

23

it

1D

o

— o

=



2387d uoTIsSus}xa TMOD ON
TIM0D uo

vaTTe3sul 3jceld uotrsuayxy
33et1d uorsuaixe TMOD O
91eT7d uotsualX3 TMOD Of
998Td UOTSU33Xd TMOD ON
G tny Jo qmaday

PIPBOTISAO JI30NP
-suwll aanssaad 30314

BICO ¢
dwex Jo paemiog ,G6°0T IO
pIvMIOT , G2 T PaAocw TMOD

T#00 uo 9987d UOTISUIIXT
gt uny jo 1waday

paacwaa 3387d UOTISUSIXH

TM00 uo ageTd
*PaTTeISUT TAO0)
JJo susa 1397
DPRACWRI 3UBA }J97

UOTSU3}XT

SIOLId
IOVLINS

N e Ne Ve JaNe e olle SN IO ING]

(930a)
A

€T
0T % ‘Q
aﬂnﬂnMaN

(@)
nmn N u o e+ N

TaTa
O —H O INH NN A

Awmov
8

N MM

[QUNISV!

AUNMMOOANNN ™M

NOILVLS
qdodd

(p,3u0d) Q/0 TIAOW - DOT NNH

ag04d

IOLId I1dN0od

“dNOO
dIdL

95°01
Oot"OT

0" 0T
0401
95" 0T
9601

¢ ot
9601

95701
ot OT

on 0T
o' 0T
o' 01
90T
65701
66-01
5601
o 0T

ot 0T
0% 01
o%°0T
o% 0T
G601
G501
66- 0T
ot 0T
ot ot
6601

2261
TO6T

/3T
SE3T
ongT
6ehT
duTH
oegT

7881
2ot

cOgT
¢lgt
1807
1041
oneT
GGeT
¢LeT
6GLT

85LT
GQLT
a1
1681
€561
cLeT
gaoT
609G T
omUH
9661

(y,)
WB

9ECT

Gcn
€29

ota

£eaT
06T
0£5T
25T

0fgT
e

50S
agn
L2o
et
azet
L1eT
720
623

19
,wd.ﬂo
0ca
LTO
q2eT
gt
s
g1a
cca
1231
Aaammv

4

Ot D) OVO al ™M
P < i A BRIV EN [N n

=

fin

Le

gt

.



ATuo
ATuo
ATUuo
Kyuo
ATuo
LTuo

vLovoboL oL

duey
dmey
durey
dumey
duey
durey

Ltuo o dwey , 4 = X ® sdral
I3A8T AIepunoq JO MOI T

KTuo o
ATuo
Atuo )
Atuo o
Atuo D
LTuc o dmey - paaocwal

dmey
dwey
duey
durey
dmrey]
TM0D

W= X ®udty 090" sdraa
I3£8] Axwpunoq JO MOI T

W= ¥ D -Auo sdias
Ja4B] AIBpUnoq Jo moI T

uorarsod Teu1d1a0

03 ¥2Bq , GZ2°T P2aaouw

SHEYWIA

T™MOD

SIOLId
A0VNS

= - - -- -~ 6/5E0L o£:L  L6TT
== --  G/9z" L 0£*L  HEST

- -- 2 -- 9# 9/92°¢ wEL €91
- -- > == --  a/lo-¢ wEL RNt
== S € X L# 9fet-¢ e ! LOET
-- -- € X --  9g/eq"2 HE-L  0La
= -- X L# 9/ge€ el gEET

=& --  G/66°9 of L  LiTT
o= --  9/¢t6 e nEt L ATyt
== == G/68°6 o€ L  gont
i L#  9/gE-¢ €L  oneT
== L# Gjente v L onnT
-- -- 6/g6°6 0E*L  nEtT

)
]
t
]
AU QA oM

]
]
[V
[qV}
1
1
[\
S

9/06°¢ 7€, ConT

0T“?

o ‘fa‘q‘zo == == --  9/9g 2 RE-L  €EnT

o 8 i -- --  ¢/€a%¢ 0L 6461

== z 1 o= --  §/60°6 0£*L  9GHT

- g ‘6z 2 = - G/LGeS of*L  LGFT

-- 2 2 oo - G/06°6 of*L ol
oT‘g

o= ‘n‘rizio -- -- -- 6/6g°6 0€°L 18f1
01‘g

-- ‘g c’o == -- L#  9/gs°€  mEL  oseT

-- S e = af  9/ay ¢ € L gaft

= ¢ 1 2 b -- 9/g1°1 TE-L  fGET

S 3 2 == --  g/le't TEL  TIELT
0T 3 ‘Q‘q

S ‘€¢ 10 -- -- -~ g/te 1 T€°L  €€f1
01 ®

-- ‘g8to -- -- 9# 9/wi ¢ Het L zonT

(gaq) (930 NOILVIS d904d "ANOD L _(14) o (¥a)

i ) doNd  TOlId TI1EN0d JIML Oay W L

(p,3ucd) /0 TIAOW - D0T NNY

©0T
71T
SR
con
e
w7

Nt
— o~ )
=4 O

-
—~ O

—~

cl1

1c?

R @
(VAN RNV TN

Ny



Jaels
J1e3s

Jaels
jae3s
jie3s

a1

3ou pr1q
j0u pIg

palaelsg
ou pra
jou p1id
jou pig
J 12POK

Yyimm 31 ¢-3 padelday
pajielisur
[m0> 103 s3iaoddns apig

uni Jutanp paaow [MoO)

SAAVIWI Y

69°L¢C
18742
18°L¢
00°8¢
00°8¢
00°8¢
00°8¢
00°8¢
00°8¢
00°8¢

(NI)

NOILVLS IHOIIH IHOIAH (D3A) ,¢L ,2/1-

BCHN

%76
49
49
019
0S
09
SS
SS
9s
09

°Y

“C
“C

4

A

‘Z

‘C
C
“c
°Z

(NI)

°3

1

0.8°1 0°9 = - -
€60°1 0°1- S80° -- 090
£€60°1 0" 1~ - = --
ey Sz -- - -
vEy S°¢C os - -
9y S°C 55 - -
¥Ew® §°T  S80°  -- 090
wew  5°g -- - -
AL M == - .-
09€° 0°¢ = > oo
09€° 0°€¢  $80° -- 090"
0ZZ° S°€ S80°  -- 090"
Z6€° S°¢ 80" -- 090
{01 0°1- S80° - 090~
L0e°1 071~ -- - s
€91° 6°¢ == = o=
L9s* 0°¢C = > =
S == 090" 0%°
e oo -- 090" 0%0°
oo == -- 090" o%0°
== -- -- 090" O0%0~
(NI) £ moy ¢ moy [ moy

IVO¥HL

8

S ._q

SdIY¥L 1/49

€-4 TIAOW -

90T NNy

NOILVLS
J404d

G/s€°¢
9/L6°1
L VATANA

C/8C°L
9/81°¢

9/00°¢
9/L0°C
G/2S°L
G/09°¢
G/€6°6
$/09°9
G/16°8
9/€0°¢
9/60°C
9/20°¢
9/€0°¢C
G/0e° L
9/¢€1°¢
S/%9°(
S/8€° L
9/00°¢
9/60°C
9/00°¢C
2G/6T° L

_(1LD)

1 05y

8€°01
¢c ol
o%°o1
0%°01
0% 01
0% 0l
96701
LE£701
LE701
Le°01

€c ol

66 01
9¢°01
96701
0%°01
0% 01
ov° ol
LE£701
0% 01
9¢°01
96°01
96701
6 01
0" 01
95701
o%° 0l
G% 01
GS°01
Ss°01
96701
0w o1

mo~ N 6C"L = §/6T" L«

£981
9961
Lcol
001¢
091c¢
L161
6981
090¢
ovic
001¢

ovlc

001c¢
LG61
9c61
6881
/881
SH91
9991
c8.L1
SE6l
L061
€961
8¢€61
961
C681
0881
£981
cehl
1681
0¢61
6C61

(¥,)
Lp

8cY
se8l
YA
Gc9
SZ9
1c9
£esl
ScY
ccy
€y

0081

0081
9%81
VA
£c9
9¢9
%7¢9
£cy
9Z9
c£8l
cE81
1481
1781
6¢9
ce8l1
£¢9
76¢S
6611
96L1
1€81
8¢9

(e1sd)
Lq

a1

R I o Haa BES i Vel
— o e —

—~ NN O M~

N1d

26



1sd qg
1sd ¢/

Je p93ae3s jauung,
Je pajiels [auung

6G Jo uniay
?s00] sqoag

viep pauweiadoad oN

Jjiejsun jauung

uotriosunjyew [auungy

JIelSs J0U p1dQ

SAYVINI Y

05" v¢
06" %¢
0S¢
06" %¢
06" %¢
06" v¢
06" %¢
1€°ve
90" %¢
£0°%¢

(NI)

~T At At ST

Lo J (o[ T TR 9
e e e

[= o le ol STs o Ie SHEe o}

<

c0°¢
00°¢

(NT)

NOILVLS IHOIdAH
e

‘9

001°¢
001°¢
001°¢
001°¢
001°¢
001°¢
001°¢
16w’ ¢
126°1
1cs 1

(NDD

0°6l1 --
0°¢l --
6° 11 =5
0°¢ --
0°¢ ==
6°%1 680"
6°71 H
6%l -
= 780°
-- SO "
-- SR80~
1°¢1  S8O°
¢t =
1761 --
1761 SRO~
1°¢l s
1°¢1 e
1°¢1 --
0°¢cl --

I/ -
0°8 --
¢ moy

IHOTIdH (93a) ,,¢.

IVOYHL

6 S

(p,3u0)) ¢-3I TIAOK - H0T NNV

CINI O —m ™M

~Loy ooy

Mo oeg

S/L1°¢
S/SL Y
c/6g°y
S/1ety
/9t %
S/eL™y
9/%¢°¢
S/%6°¢
9/18°1
YATARY
9/96°1
9/68°1
/L™y
9/80°¢
S/€6°¢
S/61°6¢
9/€0°¢
9/c6"1
/8¢ ¢
S/L0°S
9/L6°1
9/00°¢
6/90°¢
9/0 °¢
S/19°¢
9/90°¢
S/LS°9
S/€1°9
S/SC°9

_|AHMV

C.UM

0L
0€°L
o€ ¢
we“ L
0€°L
o€t
o€ L
we"L
oL°¢L
7eTL
0€°L
7L
o% ¢
et
0€°L
9¢°01
Le°01
GS°0l
LE€°01
96701
96701
LE°01
LE°01
9¢ 01
96701
Le°01
ccol
96701
8L°01
9¢°01
LE£°01
8¢ 01
Lot
06°01

9/%71
191
891
%G9l
9891
1861
€891
€LLl
S061
1€61
181
0sec
16R1
£991
9161
c9L1
001c¢
LL81
6€61
c661
L981
8061
861
£961
161
00l1c¢
6061
981
1€61
€91
9Ll
£l
001c

(3.)
Ly

89
0c1
0ct
LTY
711
Gel
911
929
211
cE9
1¢1
G9¢9
001
L9
%11
8E81
9cYy
00%
AR
6¢81
981
Sy
9cy
%981
8681
9c%
00%
1%81
cty
7681
Scy
ogy
8cY
00%

(e1sd)

Iq

§9
%9
€9
Y
19
09
65
8¢
LS
9s
99
%S
€S
¢
16
0¢
6%
8%
LY
9%
Sy
Yy
ot
1%
0
6t
1549
LE
af
56
7€
133
ct

N¥

27



90°1¢
61°1¢
61°1¢
0S°%¢
06" 4T
00°1¢
1€°1¢
LE% = %X Je dwea jo
yipim ssoade aeq Y31y ,,z/1 1e°1¢
0%°G¢
19 24
0s "%
poa3la1oqe uny - =
0S " %¢
00°8¢
p331e3s 06" %¢
paxoyd [auun] 0$° %2
31qnoixl jauunjg 06" %
0S " %¢
uoptsod 3je SWIIIXd U 1MOD
Z/ 3O uniay
31els jou pIp 3I3]Ul [3pOK 0¢ " %¢
19 Q74
ST %¢
SL %
SL°%E
06" %¢
0S°"%¢

(NI)
SNAVAT A NOILVLS
i Glot

96"y
8¢ ¢
080°¢
0c's
0c°8
0£°¢
0c°8
0’8
0’8
0C°8
8€°6S
8L°¢
09°6
80°6¢
$8°9
w6
v 6
sZ°8
S¢'8

(NI)
LHOTIH
il |

.
~

[ ey RN IR Va I Tat
. .

.
YN My M M

FC o T aa Mo T ANEE N SN
N 55 1S IS =~ S

e}

col ¢
820" 1
701°¢
701" ¢
701°¢
%01°¢
66C°1
65C°1
06870
LeL" 1
9eS°¢
0€lL" ¢
o€l €
€01 ¢
SO01°¢

(NI)
LHOIAH
LVOYHL

cCLO OO —~— 2D
OO O™

[

1

1

]

1)

'

i

]

z°0 -- -- -- --
0 ¢ = oo = =5
178 =E o -- --
@l( [T = S Z
0°¢t  -- -- -- %
0°¢ -- -- -- €
0°¢1r  -- = oo ¢
0°¢1  -- == o= {
o'ct -- -- -- ¢
0°¢r  -- -- -- ¢
876 -- -- -- oo
86 -- -- -- --
A= -- -- --
1°8 -- -- -- --
611  -- -- -- o
z'81 -- == == o
'8l -- oo o ==
0°s1  -- -- -- =
0°61 ~-- -- -- --
€ MOy ¢ moy 1 moy
93aa) ,,. .2/1-¢ Wy NOILVLS
% SdI¥L 1/4 1904d

(p,3u0)) ¢-3 TIAOW - D071 NNY

— NI

- ™~

~
1 IS O
[V T N DSV IR SV A

L Y

(@3N
o>
[a oV IR o¥ B ol Ii- o B of |

~
~T

Q6"
1.°

[Ea Ve BN I Ve I AT N VI Ta N Ta I Ta TN Ta Vel
N o0

'aNTalNta)
[l B o)

.

il

&
g
joal
— )

G.8¢°¢C
¢, 6L ¢
C/G6°¢
S/ea9°¢
S/1%°¢
S/1%°¢
S/88°¢
G/8f°¢
S/LT ¢
S/61°¢
9/88"° 1
s/6€°¢
S/wig
9/80°¢

(17
1 Oy

19
<9
19
£9
09
66¢
0S¢
gic
cEa

£ 6
Ch
:N:

1Y,
Sy
8
08
L8
/8
cfY
.8
/8
GCY

(e1sd)
Lq

G6

N Y

28



-- -- -- -- -- -- -- -- 9/%0°¢ el 9gL1 ey 601
dwea jo yipis
ssoade aeq y3ry g, 1 -- -- -- -- -- -- -- -- S/ %8°¢C 0€°"L £161 ©G 801
0" ¢ =a = == 5o yicl g e L €Tl Vs L0l
CC°8C SL0°¢ 008 "1 0" t- -- -~ -- = CGfc ¢ 0€° L £anl X a1
il r A S B N T 0°8 -- -- -- -- dilosT T L Z0¢1 o €0l
00°6¢ 1c"v SL9'¢ AT C- -- -- -- -- 4 01°¢ VIR YA g 01
00°5C &% €438 6o -- -- -- -- ¢ oyltg 0f "L LA 0 €0
00°RZ  Co T 0Kt 0= -- -- -- ¢ 9 09°C 6L Sligl 6¢ Tl
CL°CC InmtTm o Lt s -- -- -- § € 01°¢ 0f "¢ 8061 A T
pataes €L Lo m ol 08 = =4 o9 ol C Ot E 0f "¢ <1 6 GO 1
payoyd [auung Croec A R (1 U8 58 St -~ z S 16°¢ 60! fof] 0¢ nh
00780 <u'f Go% 1 0l -- -- -- -- C K0y 0§ 16t <ol "
Q0°ST  €O'€ 008"l 0" 1- -- -- -- -- ¢ ¢t 0f° L 09¢1 cL R6
(ND) (N1) (xX1) ¢ o0y g oMoy [ Moy
MUV NOILVIS IHOIAN  IHoIdH  (0dda) .2 2 1-¢ e NOIIVIS #-Awmv {¥,) (e1sd)
41 3T IVOMHI e CdI¥L 1 4 4490ud “ay Y L1 1a N1¥

(P, 3u0D) ¢-3 1300 - 20T Ny

29



D. TEST RESULTS AND ANALYSES
8. Model C
(1) Flat Plate Results

Initial data for the model of Figure 35 was obtained without the shock
generating cowl installed, for the purpose of determining the nature of the
boundary laver as required for interpretation of subsequent shock impingement
test results, The 3 station boundary layer profile measurements provided a
basis for evaluating regions of laminar and turhulent flow, detailed boundary
layer integral properties, and local skin friction as discussed in the follow-
ing sub-sections. Reduced boundary layer profile data are tabulated in
Table I.

Wall Pressure Data and Leading Edge Shock Shape - At the lower values
of wall static pressure measured on tae 3° wedge surface of Model C, it was
necessary to make a small correction for an apparent reference pressure error
as described in Section IV-C. The net result of such a correction was to
bring both the inviscid field ramp Mach number in line with measured pitot
data and to obtain better agreement between measured wall static pressure
levels and values computed from substantiated theoretical techniques. Such
corrections had no significant effect on higher values of measured pressure
such as in the region of a shock impingement.

Using the corrected pressure levels, the leading edge shock shape was
computed using the GE/Bertram technique of Reference 1 which accounts for
the combined effects of bluntness and viscous induced interactions. This
solution is superimposed on the schlieren of Figure 52 and the agreement
is seen to he excellent. Similar agreement was noted earlier in the program
for shock tunnel tests with Model A as also reported in Reference 1.

Transition - As a nominal assessment of the state of the boundary layer
and of bhoundary laver trip effectiveness, direct use was made of the compress-
ible profile power law parameter n in the expression:

u (y (18)
- ()

The flow was considered laminar for values 2of n from 1 to 2, transitional for
n from 2 to 5, and turbulent for values of n greater than 5. The procedure
for determining n was to establish the velocity profile from the probe data
using the procedure described in Section IV-C. The value of n was then
measured directly from the resulting velocity distribution when plotted on
log-log paper as typified in Figures 53 and 54 indicating that such an
approach permits reasonable analytical represcentation of the measured profile
data.

=
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Summarizing the results indicated in Table 1, at Mach 10.5, the low
Reynolds number data was laminar at all three probe stations indicating that
natural transition would be expected to occur at a value of Re, greater than
950. The low Reynolds number data taken at Mach 7.4, also indicates the
onset of boundary layer transition at values of Re, greater than 950. At
maximum unit Reynolds number, natural transition was initiated at the first
and second probe stations respectively for Mach 7.3 and 10.5, corresponding
to values of Re8 of approximately 1690 and 1360 respectively.

The addition of boundary layer trips for high Reynolds number testing
resulted in the onset of transition ahead of the first probe station at
Mach 7.3, hut a subsequent decrease in the profile parameter n at the second
and third probe station suggest that the resulting boundary layer profile
was not completely in equilibrium. On the other hand, the boundary layer
trips used for high Reynolds number testing at Mach 10.5 not only promoted
earlier boundary layer transition, but also permitted the attainment of
increased equilibrium values of profile parameter n.

As a matter of interest, the natural transition characteristics
exhibited in this test data obtained with the Model C are compared in Figure
55 with those determined from shock tunnel tests and heat transfer measure-
ments made earlier in this program with flat plate Model A and curved surface
Model E-1 at Cornell. (Reference 1.) The value of n for Run 14, Model C
data, where the bour.uary layer profile is measured at the third probe station
at maximum Reynolds number, indicated the flow to be turbulent. At the same
test conditions, the boundary layer at the second probe station appeared to
be transitional., Consequently, in Figure 55 the data point for Run 14 is
plotted in such a manner to indicate that boundary layer transition had
been completed at a value of Reg of approximately 2000. At this same probe
position, at the lower unit Reynolds number, the boundary layer was still
laminar, and thus, it is seen that for both tests, transition occurred for
an Re6 greater than 100U and less than 2000 on the flat plate models as
compared to an Re6 of slightly less than 1000 on the curved surface pressure
gradient model.

Variation of n with Reg - To determine the extent to which the values
of n for the hypersonic non-adiabatic wall turbulent boundary layer of these
tests correlate with near-adiabatic wall results at lower Mach numbers,
Figure 56 was prepared comparing the results from Table 1 with data presented
by Persh in Reference 9 and by Pinckney in Reference 10. Data from this
program taken both with and without boundary layer trips are included. The
natural transition data not only indicate higher values of n at lower Re
than the correlation of Reference 9, but also steeper rate of change of
n with increase in Re,. At Mach 10,5, the addition of boundary layer trips
resulted in a significsant increase in n with only a small change in Rea
from the nominal value of 2000. On the other hand, at Mach 7.4 with boundary
layer trips installed, the contrasting decrease in n with increasing Ree
again suggests that the boundary layer profiles for these particular test
conditions were not in complete equilibrium. Consequently, it is implied
that the high rate of mixing and turbulence induced by the boundary layer
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trips at Mach 7.3 could not be sustained by natural turbulence levels exist-
in;y at these conditions. Somewhat better correlation is olitained when 2 is

plotted as a functicn of effective length Reynolds number, as also indicated
in Figure 56, bhut the trend 1is similar.

Momentum Thickness Comparison - The laminar values of momentum thickness
as presented in Table 1 have been compared against the values predicted for
flat plate flow at the measured boundary layer edge conditions usings the
methods of Van Driest (Reference 13) and Cohen-Reshotko (Reference 11). Tlis
comparison is shown in Figure 57 in a manner also conducive to the establish
ment of a laminar skin friction law based on the test data. For zero
pressure gradient flow, assuming a constant value of n (as substantiated by
the profile measurements) a skin friction law can readily be established
from the classical hypothesis that S/x & (Rex)'Z as follows:

A -2
- K (Re ) (19)
X X
92 = E£ = Sl:El_E
dx 2 (Rex)Z (20)

From the slope of a line through the data in Figure 57, 7 is determined

to be .50, K can be evaluated from any point on the curve to bec .510. Thus
Eg = .305 (21)
2 . (Re )5
X

is the experimentally determined laminar skin friction law whic': is seen to
he reasonably well predicted by the laminar theories of References 13 and 14,

A similar development of & skin friction law for the turbulent houndarv
laver data 1is not justified in that the effective origin necessarily varied
with test conditions and boundary layer trip configuration. As an
alternative, use 1s made of the incompressible skin friction law:

Cfi = 2C(Ree)

(22)

developed by Spence in Reference 8 and adapted to compressible flow through
the Eckert Reference Temperature relation:

T T
k- | 1 w X— 2 -1 2

fied > =— (1 + L M) +1 + 0.22 R lr— M (23)

T 2 T 2 e 2 e
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with the result:

2 2w
N+1 |T l - —
C. - 2C (Re.) = N+l (24)
£l A T
ref
where:
- 2
- | (N+1) (N+2) N e (25)
C - 2= K
N
B
— -1
K= NAe'® (26)
A= 2.5 B = 5.5
1
U Y )
N = incompressible profile exponent :n T = (K]

With the aid of such an expression and the measured profile data, the
effective origin associated with each profile measurement was computed from:

gg . N+1

Cf N+3

X - (27)

with the results as reflected in Figures 56 and 57. Equations 21 and 24
provide a “:«,s for estimating values of laminar and turbulent boundary
layer prc;-*° . at positions immediately upstream of shock impingement
interactic. ...

Boundary Layer Profile Property Comparisons - For nearly all of the

profile data, the compressible power law profile parameter, n, was calculated.

In addition, for selected cases, the incompressible value of the power law
profile parameter, N, was also calculated. The incompressible cases were
calculated primarily for comparison against theoretical profiles. 1In

Figure 58 several of the laminar profiles measured on Model C and E-3 are
compared against the Blasius and Cohen-Reshotko flat plate solutions. As
can be seen, the experimental data falls helow the Blasius solution indicat-
ing a fuller profile. There is also a point of inflection in the Model E-3
profile indicating the effect of the slight adverse pressure gradient. It
should be noted, however, that the experimental data can be brought into
closer agreement by using a different criteria for establishing the boundary
layer edge conditions. The edge conditions are shown based on a velocity
ratio of ,995 of the inviscid wedge flow velocity. Consequently, with this
definition, any entropy layer due to the leading edge shock-boundary layer
interaction is included in the boundary layer. As an alternative approach,
matching could have been forced near the wall, and boundary layer edge
conditions (exclusive of any entropy layer) defined as a by-product of the
lower region profile matching.



Several comparisons were also made of corresponding compressible and
incompressible profiles as indicated in Figures 59 and 60. As would be
expected, for a typical turbulent profile the compressiible value of tlhLe
profile parameter (n) is smaller than the incompressible value (N). The
value of n was determined as indicated previously. The incompressible
power law profile parameter N for the expressionU/Ue =N 17N was deter-

\A
mined through numerical integration of the test data using the Stewartson
relation as follows:

it e Y 9_
. I — dy (28)

and the log-log plotting procedure previously described for the determination
of n,

In Figures 61 to 74, for ;.i.rposes ¢f documentation, typical bhoundary
profile data are plotted in terms of selected profile properties as calculated
in the course of the data reduction,

From the skin friction laws reflected in Figure 57, for those cases
where the profile parameter n is essentially invariant with Revnolds number,
the growth rate was established for subsequent use in connection with
incident shock data as follows:

B
R i | (29)
5 (Re )

where K and Z have the previously established values. Thus from Figure 5/
it is seen that the hypersonic laminar boundary layer growth alonyg t%- lwodel
C remp was in proportion to the square root of the Reynolds number as would
classically be predicted from low speed theory. For any particular set of
similar turbulent data the growth rate can, of course, be expressed in a
comparable manner, but is a function of the particular value of N associated
with that data.

Summary - From analysis of the Model C ramp data it can bhe concluded
that for incident shock tests conducted at low test facility unit Reynolds
numbers the boundary layer separation characteristics should be those of a
laminar layer with consistent growth rate and local skin friction variations
derived from the profile measurements in general agr -nt with predicted
trends. For tests conducted at Mach 7.3 and the maximw. facility unit
Reynolds number, the incident shock-boundary layer interactions should be
those associated with a naturally turbulent hypersonic boundary layer. At
other test conditions, boundary layer trips are required to establish
turbulent houndary layer profiles, In that the boundary layer trips had
a pronounced effect on the profile shape, this should be taken into
consideration in the interpretation of incident shock wave-boundary layer
interacticn data. For the hypersonic bhoundary layer measurements made
both with and without trips, it was found that reasonahble representation
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of profile shape is possible through the use ¢f simple power law profiles.
(2) Incident Shock Results

With the cowl installed, (Figure 35) interaction between the Model C
ramp boundary layer and the impinging cowl shock was studied. Test conditions
and boundary layer trip geometry were predicated on earlier tests conducted
without the cowl installed. At Mach 10.5, the unit Reynolds number was
regulated between approximately .7 and 2 X 106 per foot, while the cowl
shock strength was varied through the range from O to 13° of turning. For
Mach 7.3, the unit Reynolds number was regulated from .5 to 3.3 X 109 and the
shock strength varied from O to 10° of turning. Nominal thermocouple deter-
mined wall to total temperature ratios were .40 at Mach 7.3 and .30 at
Mach 10.5.

Flow Model Comparisons - The series of composite schlieren-pressure
distributions of Figures 75 to 80 indicate the distinct differences between
the hypersonic laminar and turbulent boundary layer interactions for
comparable incident shock strengths. (Mach 7.3 schlierens were selected
for these comparisons because of their clarity compared to those obtained
with the lower density Mach 10.5 flow.) The interaction region for the
secparated laminar boundary layer is seen to closely resemble the theoretical
model of Section II-A. The shock reflection consists of a constant pressure
boundary interaction followed by an isentropic compression back to a flow
direction parallel to the wall. The isentropic compression coalesces to
form the recompression shock.

As evident from the figures, the turbulent boundary layer did not
separate for the range of shock strengths used in this program. The turbu-
lent interaction region, in contrast to that of the laminar, is characterized
by deep penetration of the boundary laver by the cowl shock. The downstream
boundary layer is thinned by the compression to a height compatible with
continuity and momentum constraints. The reflected shock eminates from a
region near the wall and penetrates through the upper regions of the
boundary layer into the inviscid flow field., Compared to the laminar case
there is little forward prcpragation of the resulting pressure disturbance
evident in the wall static pressure data.

Fr.m schlieren photographs such &ss those of Figures 78 to 80, measure-
ments of the observable inviscid interaction length and boundary laver edge
flow deflection were made for comparison with the formulated flow model
discussed in Section I1I-B. The results as presented in Figures 13 and 81
indicate that the boundary edge flow deflection through the impinging shock
wave, AA, can be approximated by the inviscid shock deflection angle 9
and the inviscid interaction length then estimated from: ¢

b
L _ 3
2. - ==
5 E
1 1

ctn EC (30)
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based on the flow geonetry.

Attainment of Two-Dimensional Static Pressure Ratio - The overall
shock induced pressure rise ratios are summarized in Figures 82 and 83 for
the Mach 7.3 and 10.5 data respectively. At Mach 10.5, the Model C data is
also compared against the Model A shock tunnel data taken earlier in the
program and reported in Reference 1. For comparison, corresponding theo-
retical pressure rise ratios were computed both inviscidly and viscously.
The viscous calculations were made using the G.E./Bertram solution to obtain
the effective shock strength due to the viscous and bluntness induced lead-
ing edge interaction. The effective shock strength was then used to calculate
the final pressure rise. The data agrees very well with the estimates;
generally falling between the limits set by the inviscid and viscous solutions,
both for the separated and attached flow cases.

laminar Theory/Data Separation Plateau Comparisons - The hypersonic
laminar separation data was compared tc the Erdos and Pallone formulations,
which give good agreement at lower Mach numbers, for the prediction of
plateau levels and interaction lengths (Reference 7). For this purpose,
the series of pressure distributions shown in Figures 84 to 93 were prepared.
At both Mach 7.3 and 10.5, separation plateaus are seen to form at cowl
angles of 3 to 4° (Figures 84, 85 and 90). As the shock strength is
increased, the length of the pressure plateau increases. Superimposed on
these pressure distributions is the pressure plateau levels predicted by
the theory of Erdos and Pallone using the laminar skin f{riction law
established from cowl-off testing of this model as reported in the previous
section. The excellent agreement is taken to indicate that the Erdos and
Pallone semi-empirical formulation:

2c, |
= 1.47 - —
Cpp : (31)

based on low Mach number data, accurately predicts laminar separation
plateau pressure levels at hypersonic speeds.

laminar Separation length Theory/Data Comparisons - In Reference 7
Erdos and Pallone formulated an expression for the separation length which
correlates well with low Mach number data in terms of boundary layer thick-
ness and final pressure rise minus plateau pressure rise. In comparing
this formulation with the present data, a strong Mach number dependence
was found as indicated in Figure 94. To further evaluate the validity of
this apparent Mach number dependence, two recent sets of data from
independent sources were examined. As also indicated in Figure 94, the
Reference 15 data, at a nominal Mach number of 10 and at a length Reynolds
number of .5 X 106 (compared to 1.5 X 106 for the present Mach 10.5 test)
agree with the trend of the data obtained in this program. Reference 3
data, on the other hand, generally 1is in agreement with the Erdos and
Pallone formulation, It was, however, taken at Mach 2.21, closely corres-
ponding to the conditions of the original Erdos and Pallone correlation.
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Failure to observe the apparent Mach number dependence evident in Figure 94
when predicting laminar separation lengths is seen to result in substantial
over-estimation at hypersonic speeds. Admittedly, any shock induced boundary
layer transition effects present in the data could be a factor in the reduced
separation lengths, but this appears somewhat unlikely considering the
consistent pattern of the present data and the agreement with the experiment
of Reference 15.

Laminar Theory/Data Pressure Distribution Comparison - Results obtained
with the present Laminar—Shock/Boundary Layer Interaction program discussed
in Section II-A were compared with the Model C laminar interaction data at
both Mach 10.5 and 7.3. Since profile measurements indicated none of the
separated data remained laminar downstream of the reattachment point, only
two runs with relatively weak interaction give evidence of wholly laminar
flow and could be compared directly with the theory. Run 61 at Mach 7.3 was
the only run with a laminar boundary layer measured downstream of the inter-
action (probe station 3 was approximately 17 inches downstream of the shock
impingement point) and Run 50 at Mach 10.5 had a laminar-transitional
interaction. Data from both of these runs are compared with the computer
program calculations in Figures 95 and 96. The predicted forward propagation
of the pressure and the iritial slope of the pressure rise appear to be in
very good agreement with the experimental data. The overall pressure rise 1is
matched near the end of the plate, however, there is a definite overshoot of
the experimeinital pressure data in the interaction region which is not
theoretically predicted. (The maximum pressure level in this region could
have been more nearly approximated theoretically by using an increased shock
strength such as might be associated with a wave generated by a viscous cowl.
A correction of less than .4 degrees to the shock induced turning angle
would increase the final theoretical pressure rise until it matched the
experimental data peak.)

Laminar Theory/Data Mass Flow Comparisons - Figures 97 and 98 reflect
the theoretical mass flow variation through the interaction region for the
laminar-laminar case (Run 61) and the laminar-transitional case (Run 50)
as determined by the Laminar-Shock/Boundary Layer Interaction program
(laminar-laminar calculation). The parameter plotted in Figures 97 and 98
is a mass flow parameter related to the actual mass flow by the following
expression:

. w 2
m BL°1"1 (o,
Where: m = mass flow in boundary layer slug/sec

WBL = mass flow parameter - from Laminar-Shock/

Boundary Layer Interaction program

= P u
e e

S
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P = density at boundary layer edge before

1 interaction
u, = velocity at point (1)

pe = local density at boundary layer edge
u, = local velocity at boundary layer edge
6 = local boundary layer thickness

6‘ = 1local displacement thickness

Figures 97 and 98 indicate a slight, temporary decrease in boundary
layer mass during the interaction. This could be caused by the similar
solution approximation used in the formulation of the Laminar-Shock/Boundary
Layer Interaction program. The decrease in mass occurs in the free inter-
action region and is most apparent for the incipient separation cases. This
discrepancy does not appear to have a significant effect on the overall
mass flow predictions, however.

The theoretical ratio of the mass flow downstream to the mass flow
upstream, (ml/mz) was compared with the boundary layer mass flow ratio
measured across the interaction region during the experimental program.

For the laminar-laminar interaction the mass flow ratio across the inter-
action agrees very well with the ratio predicted theore. ally. From the
experimental data obtained during Run 61 the mass flow ratio across the
interaction, measured at probe stations number 1 and 2 was determined to

be 1.28 whereas a theoretical value of 1,294 at the same stations is
predicted using the Laminar-Shock/Boundary Layer Interaction program.

For the laminar-transitional interaction (Run 50), the experimentally
determined mass flow ratio across the interaction was much higher, confirm-
ing that this interaction was transitional (2.95 experimentally as compared
to 1.71 theoretically).

Laminar Theory/Data Displacement Thickness Comparison - A theory/data
comparison of the displacement thickness at the aft probing station indicated
very favorable agreement between the shock boundary layer prediction and the
reduced experimental data. For the laminar-laminar case, the displacement
thicknesses for the theoretical and experimental cases are .134 and .138
inches respectively. For the laminar-transitional case, the displacement
thicknesses are .190 and .220 inches respectively.

Theoretical Interaction Region Laminar Skin Friction - In Figures 99
and 100 the shear parameter ({) is plotted versus axial location for the
Mach 10.5 and 7.3 test conditions used in the previous comparisons. The
shear parameter is defined as follows:




L. L it = (33
T T 5; w - 2\ )

Where: { = shear parameter
& = momentum thickness
u, = velocity at boundary layer edge
Tw - wall temperature
Te = temperature at boundary layer edge
o)
-
ay w = velocity gradient at wall
Re -
® = Reynolds number based on ©
Ce = skin friction coefficient based on boundary
layer edge conditions
T + 198.6 T
A = viscosity parameter - e e
R T+ 198.6 T,

Separation is indicated by negative values of L.

As can be seen from these plots, incident shock/boundary layer separa-
tion was not predicted in either case, as indicated by the positive
value of the skin friction parameter throughout the interaction region. For
all of the separated flow cases, test data analysis indicates that the
boundary layer had transitioned downstream and was fully developed turbulent
flow by the aft probing station. Consequently, theory/data comparisons for
those conditions are not applicable.

Turbulent Theory/Data Separation Comparison - With upstream turbulent
boundary layer, no observable separation was noted either in the pressure
distributions or in the schlieren pictures. Based upon pre-test estimates,
turbulent, free interaction pressure plateau levels of the order of:

2
Cf

CPP = 6.00 —E— (34)

were anticipated, based on estimates mgde using the method of Reference 7.
Theoretical plateau pressure ratios(hased upon the turbulent flow conditions:
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Pr = 1800 psia, Ty = 1950°R, M = 10.5) of approximately 4.3 were calculated.
This compares to the maximum final pressure rise ratio of 40 measured during
Run 53 when the cowl was set at a maximum sngle of 13° and no separation
plateau was observed. More detailed analysis subsequently delineated the
importance of upstream shape factor on such separation predictions as reflected
in the theoretical curves of Figure 19 in Section II-B. The turbulent shock/
boundary layer flow model developed in Section I1I-B was used for post-test
estimates of the onset of boundary layer separation. This procedure indicated
that the boundary layer should not be expected to separate at the Model C test
conditions. Limited additional theory/data comparisons were made using test
data from the literature, wherein both upstream profile data and wall static
pressure data (from which the nature of the flow; separated versus attached
could be assessed) were reported. The results are summarized in Figure 101,
suggesting the method of Section II-B is an acceptable engineering approxima-
tion for assessing imminent boundary layer separation. In that the computed
results are sensitive to upstream profile shape and wall to total temperature
ratio, it is important that reasonably accurate measurements of the parameters
be made as indicated in the parametric results of Figure 102.

Boundary Layer Thickness Ratio Theory/Data Comparison - Results obtained
for estimates of the boundary layer thickness change across the shock impinge-
ment, using the turbulent houndary layer formulation presented in Section II-B,
are compared against data taken during the Model C Mach 7.3 tests. Measure-
ments of boundary layer thickness on either side of the interaction were made
from schlieren pictures such as those in Figures 78 to 80, As can be seen
from Pigure 103, there is good agreement hetween the theory and the data.

The importance of properly accounting for the shock induced downstream prcfile
distortion is also apparent from the comparison of Figure 103, The assumption
of a constant profile parsmeter n across the immediate interaction region is
seen to result in a significant over-estimation of downstream profile thinning
at the higher shock strengths. The relative agreement obtained when profile
distortion is accounted for (Reference 5) is considered indirect substantia-
tion for the supposition that mass flux rates measured downstream of the
immediate interaction did not occur across the interaction, but are rather

the result of subsequent downstream mixing.

Turbulent Interaction Mass Flux - The boundary layer profile measurements
and integral properties established from cowl-on Model C testing are summarized
in Table II. Since the total test ccnditions varied slightly between wind
tunnel runs, the mass flow was subsequently normalized to a standard set of
test conditions., The normal total conditions for Mach 10.5 are a total
pressure of 600 psia and a total temperature of 1800°R for the low Reynolds
number runs, and 1800 psia and 2000°R respectively for the high Reynolds
number runs. At Mach 7.3, the normal total conditions are 100 psia and
1400°R for the low Reynolds number and 600 psia and 1500°R for the high
Reynolds number runs. The following expressions were used to determine the
normalized mass flow:

mn =m PTn/Pt Laminar Flow (35)
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and

n'1n = m (TT/T?n)'G (PTn/PT)'s Turbulent Flow (36)
Where: ﬁn = normalized mass flow

m = measured mass flow

TTn = normalized total temperature

TT = total temperature

an = normalized total press:re

PT = total pressure

The above two expressions are based upon the assumption that the boundary
layer grows as th=a x*9 and x'8 for the laminar and turbulent case respectively;
where x is the axial distance along the plate. The cowl-off data analysis of
the preceding section bears out the laminar growth rate, whereas considera-
tion of effective origin and variation on n reduce the accuracy of such an
assumption for the turbulent data.

Profile measurements made downstream of the shock impingement point,
at probe station 3, with upstream turbulent flow also indicate significant
mass flux occurred compared to the normal boundary layer growth rate upstream
of the shock impingement point. This is summarized in Figure 104 indicating
a general increase in mass flux &8s shock strength is increased. Comparative
calculations were made using the downstream boundary layer edge conditions
to establish a new unit mass flow and a new effective origin for the down-
stream flow based on the boundary layer thickness immediately downstream
of the shock interaction (using the technique of Section II-B) and assuming
a downstream growth rate at the new effective Reynolds number similar to
that for the upstream profile. Such calculations were found to consistently
underestimate the mass flux as indicated by the station 3 probe measure-
ments anri are taken as an indication that the downstream profile distortion
should be considered in more detailed analysis of downstream mass flux. It
should be noted, however, that the Mach 7.3 data point (Run 58) does not
outwardly appear to agree with the Mach 10.5 curve. This apparent discrepancy
may be caused by the fact that for the Mach 10,5 case the probing station was
9" downstream of the interaction region compared to approximately 2" for
Mach 7.3, suggesting that the greatest mass flux occurred downstream of the
immediate interaction region. This is in direct contrast tc the observation
that the Mach 7.3 and Mach 10.5 laminar data do agree reasonably well even
though there is the sa—e substantial difference between the location of the
probing station with respect to the interaction region, suggesting that the
transition induced mass flux occurred in the immediate region of, or shortly
downstream of the interaction region.



Protile Change Across the Shock Interaction - A comparison of the shock
interaction profile data with the flat plate data as typified in Figure 105
indicates the nature of the profile change across the shock interaction.
For the turbulent interaction at Mach 10.5, the downstream value of n, at
the probe station 3, is approximately the same as that of the upstream
profile. The corresponding shape factor decrease is thus primarily due to
a decrease in Mach number across the interaction. This is illustrated from
the data of Runs 19 and 48. The experimental ratio of the shape factors
(819/348) is 1,89, Assuming a constant profile parameter, n, using the
measured variation in boundary layer Mach number, the theoretical ratio is
1,96, It should again be noted that the probing station at Mach 10.5 is
approximately 9' downstream from the interaction region which explains why
a disturbed profile was not measured. For the Mach 7.3 case, however, the
probing station was closer to the interaction region (approximately 2"
downstream)., A plot of the flat plate and incident shock profiles for this
condition is shown in Figure 106 and is evidence that the profile has
already adjusted into a higher power law type profile instead of a more
distorted profile requiring more than a single parameter, such as n, for
reasonable analytical representation. Consequently, such data provides
additional substantiation for the turbulent flow formulation of Section II-B
and of Reference 5.

To graphically illustrate and document the results of Table II, a
series of summary figures were prepared (Figures 107 to 113) which show the
velocity profile both upstream and downstream of the shock interaction with
respect to the pressure distribution. The mass flow, boundary layer edge
Mach number, and velocity profile parameter are also indicated in these
figures. (The velocity profiles presented have been plotted from computer
program data reduction results based on actual profile measurements.)

Summary - From .the analysis of the incident shock Model C data it can
be concluded that the hypersonic laminar boundary layer separation pressure
plateau levels can be accurately predicted by the method of Erdos and Pallone,
whereas the measured interact.on lengths exhibit a significant Mach number
dependency which must be accounted for. Laminar separation was found to
occur at a shock induced pressure ratio of 5 at Mach 10.5. The apparent
stability of the hypersonic turbulent boundary layer, as documented by the
attached flow characteristics in spite of shock pressure rise ratios of 40
at Mach 10.5 and 13 at Mach 7.3 is in accord with the formulation of Section
I1I-B but was not anticipated on the basis of lower Mach number correlations.
Limited comparisons with turbulent boundary layer separation data obtained
by other investigators attest to the engineering usefulness of the formula-
tion of Section II-B for predicting imminent separation. It can thus be
concluded that analyses of the incident shock/turbulent flow data have
provided the sought ''asis ftor a formulation of an :zppropriate flow model.

b. Model D

Flow Model Formulation - The purpose of this test was to examine the
effect of swept vane generated shocks on the Model C ramp laminar and
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turbulent boundary layers. Measurements consisted of ramp centcrline and
vane surface pressures, and ramp pitot profile data taken at Model C probe
stations 2 and 3 behind the swept shock "X" wave intersection. Data were
obtained for vane shock angles of 6 and 8°. A simplified flow model was
formulated for analysis of the inviscid compression system.

For swept wedges of infinite span, that is without tip effects, a simple
but accurate estimation of the chordwise pressure distribution including
viscous and bluntness effects can be made based on the G.E./Bertram technique
discussed in Reference 1. From simple inviscid sweep theory, it can be
shown that the deviation in direction with respect to the free stream, of the
resultant ramp velocity vector is expressed by:

sin & M2N )
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Calculations indicate that for most hypersonic inlet applications, this angle
is small (of the order of several degrees) and thus suggest that strip theory
should be adequate in the absence of significant cross flow effects, Conse-
quently, for the case of sharp leading edges, the G.E./Bertram analysis can
be utilized directly. For the more practical case of blunted leading edges,
the pressure increment induced by bluntness can again be estimated using the
G.E./Bertram method, but with the leading edge drayg coefficient corrected

for sweep effects:

v o= arc sin (37)

c. = c o8 v (38)

as 1s also suggested by simple sweep theory. The same iterative calculation
procedure developed for the unswept leading edge with combined bluntness and
viscous interaction cun then be applied.

For the case of a finite span swept ramp such as that represented by
vertical installation on a compression ramp such as Model D, an additional
boundary condition must be considered to treat the flow influenced by the
finite span, For this case, inviscid analysis based on simple sweep theory
can be modified to assure that the flow vector downstream of the sweft
vertical ramp compression surface, in the vicinity of the corner, is not
only in the plane of the vane, but is also in the plane of the horizontal
compression surface as well. The flow model shown in Figures 114 and 115
was hypothesized for establishing inviscid flow field properties such as
requi‘red in establishing boundary layer edge conditions., This formulation
represents an extension of inviscid swept wedge theory in that it also
handles associated corner flow, as is found in Model D. The flow direction
boundary conditions for the Model D swept wedge-corner combination can be
satisfied by hypothesizing the existence of a downstream two-dimensional
centered expansion fan originating along the junction line between the vane
generated shock sheet and the ramp surface. With such an expansion fan the
final flow vector can be positioned hoth un the plane of the vane and the
ramp. Figure 114 depicts this "shock-expansion" flow model and lists the
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equations needed to cslculate this flow angle.

vane and Main Ramp Pressure Data/Theory Correlution - The measured vane
pressure distributions shown in Figure 116 support the flow model of Figures
114 and 115. Pressure levels upstream of the expansion fan are predicted
by strip theory and downstream pressure levels tend toward the values
associated with the shock-expansion approach. In the intermediate region,
pressures reach a common level by communication via the subsonic flow in the
boundary layer. Of interest is the '"lag’ of the upper row pressures in all
instances. 8Since both upper and lower sets of orifice locations have been
normalized with respect to their distances from the vane leading edge (see
symbol key insert on Figure 116) the "'lag" represents evidence of the physical
existence of a downstream expansion.

Measured ramp centerline pressure distributions are shown in Figures 117,
118 and 119, Superimposed on the data are the inviscid theoretical "X" wave
pressure levels. Again go- greement with the modified shock expansion
theory is obtained. Strip ..eory (about the same pressure level as swept
wedge theory) over-estimates the measured pressure level to such an extent
that it becomes inadequate for handling the swept wedge-corner flow problem,
Of interest is the three-dimensionality of the vane shock generated flow
field which is indicated to some extent by the relative levels of the off-
centerline ramp pressures. In using the shock—expans1on°techn1que a correc-
tion in the downstream displacement thickness slope of 1 for both 6° vane
settings and 1.5° for the 8° vane setting was made. These values represent
nominal estimates based on ramp boundary layer profile measurements made both
with and without vanes.

As can be seen from the preceding figures, no vane shock induced boundary
layer separation was observed in the cese of the 6° and 80 vane-turbulent
flow tests. For the 6° vane setting, the laminar boundary layer did separate
as evidenced in Figure 119, As in the case of the Model C data, the Erdos
and Pallone theory predicts the correct laminar plateau level. The separa-
tion region in this case is longer than that observed on Model C for a
similar downstream pressure rise. The complex cross flow irduced three-
dimensionality of this problem necessitates the acquisition of data at other
conditions before a comprehensive correlation with two-dimensional flow
separation lengths, such as determined in Model C testing, can be obtained.

Main Ramp Profile Data Analysis - Profile data shown in Figures 120,
121, 122 and 123 again demonstrate the complexity of the vane shock 'X' wave
flow field. Since the static probe measurements were of limited value, only
first order corrections for normal pressure gradients (such as when the
probe passed through a vane shock) could be made in reducing the pitot probe
data to Mach number profiles. The validity of the static pressure corrections
is supported by the agreement between measured boundary layer edge Mach
numbers and predictions based on the shock-expansion theory. Increases in
boundary layer thickness and mass flow through the vane shock system are
shown in Figure 124,
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The profile data taken in the vane shock field indicate that the
rate of mass flux into the boundary layer increases as the vane angle
increases. This growth rate, in excess of the normal flat plate rate, is
attributed to the reduction in downstream ramp wetted area as well as the
reduced effective Reynolds number across the vane shock svstem. Downstream
of the vane generated shock system local lower Mach number-higher pressure
areas tend {0 counteract the boundary layer thickening associated with this
increased axial mass flux. The overall boundary layer thickening observed
through this swept vane compression system is contrary to the thinning
generally observed in tests conducted with the two-dimensional incident
shock Model C, Future formulation of techniques for analyzing the boundarv
layer characteristics should provide for mass addition across the shock
system resulting from mixing rates associated with profile distortion as
well as that due to effective origin shift and change in boundary laver
edge unit Reynolds number,

Summary - In evaluating the effect of the Model D swept vane shock
induced pressure rise on the Model C compression ramp boundary layer, it was
found necessary to extend swept wedge flow theory to also handle the Model D
type corner flow. This modification in the theory, here called the shock-
expansion approach, yields results well substantiated experimentally by vane
and ramp surface pressure levels.

For the 6o and 8o vane settings tested no turbulent flow separation was
observed. This result is in agreement with the separation theory formulated
elsewhere in this report, which shows that the generated pressure rise,
lower than obtained for Model C, is not great enough to induce bhoundary
layer separation for the relatively high protile parameter cold wall boundary
layer generated on the Model C ramp.

Laminar separation was achieved with the 6° vane setting. Erdos and
Pallone theory predicts the correct plateau pressure level. The separation
region in this case is longer due to cross flow than that observed on Model
C for a similar downstream pressure rise,

Profile data taken downstream of the swept vane shock '"X' wave location
indicate that future formulation of techniques for analyzing inlet compression
systems of this type should provide for mass addition across the shock system
resulting from mixing rates associated with profile distortion as well as
that due to effective origin shift and change in boundary layer edge unit
Reynolds number.

¢c. Model E-3
(1) No-Cowl Configuration
The Model E-3 cowl-off test data was analyzed in the same manner as
that of Model C with the following exception. As pointed out in Section
IV-C variable static pressure normal to the ramp surface was used in reduc-

ing the boundary layer profile data compared to the use of constant static
pressure in the Model C data reduction. In Figures 125 to 127 the measured
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static pressure variations normal to the wall at each of the three probe
stations is compared with a Method of Characteristics solution obtained using
the inviscid ramp coordinates. A3 can be seen from these figures, a signifi-
cant normal pressure gradient existed at the aft probing station. The
theoretical and measured gradients #t all three probe stations are in reason-
able agreement, suggesting the applicability of such an analytical approach
in the absence of measured normal pressure gradients,

Pressure Distributions - A typical measured ramp pressure distribution
ie1 the cowl-off configuration at Mach 10.5 is compared to the pre-test
estimates and also to the post-test Method of Characteristics solution in
Figure 128. As can be seen from the <ns1:XMLFault xmlns:ns1="http://cxf.apache.org/bindings/xformat"><ns1:faultstring xmlns:ns1="http://cxf.apache.org/bindings/xformat">java.lang.OutOfMemoryError: Java heap space</ns1:faultstring></ns1:XMLFault>